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FOR.EWOI_D

The Voyager Design Study final report is divided into six volumes, for

convenience in handling. A brief description of the contents of each volume
is listed below.

Volume I-- Summary

.% completely self-contained synopsis of the entire study.

Volume II -- Scientific Mission Analysis

Mission analysis, evolution of the Voyager program, and science payload.

Volume III -- Systems Analysis

Mission and system tradeoff studies; trajectory analysis; orbit and

landing site selection; reliability; sterilization

Volume IV -- Orbiter-Bus System Design

Engineering and design details of the orbiter-bus

Volume V -- Lander System Design

Engineering and design details of the lander.

Volume VI -- Development Plan

Proposed development plan, schedules, costs, problem areas.
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SUMMARY

This report presents the results of a 6-month conceptual design study

conducted by Avco Research and Advanced Development Division for the

National Aeronautics and Space Administration. The objectives of the study

were the synthesis of a conceptual design of an unmanned spacecraft to perform

scientific orbiter-lander missions to Mars and Venus during planetary

opportunities from 1969 to 1975, and the formulation of a plan delineating the

development program leading to first laurzch during the Mars 1969 opportunity.

The basic approach makes use of a 6000- to 7000-pound orbiter-lander;

tradeoff studies were conducted to determine the payload and mission capabilities

with smaller and larger spacecraft. The orbiter-lander was selected as yield-

ing the maximum in scientific value short of manned exploration. The lander

separates from the orbiter-bus and descends to the planet surface by parachute,

where it makes atmospheric and surface measurements and conducts a variety

of scientific experiments. The in_orrnation obtained is relayed to Earth via

the orbiter-bus which meanwhile is placed in a planetocentric orbit. The

orbiter-bus collects scientific data in transit and maps the planet while in orbit.

The lifetime of both orbiter-bus and lander is 6 months for the Mars missions.

For Venus, the orbiter life is also 6 months, but the lander life is only 10 to

20 hours because of the hostile environment. A small capsule was designed

for Venus, in addition to the lander, to conduct atmospheric measurements

after entering from orbit; the capsule does not survive landing, l_nders and

capsules would be sterilized to avoid contamination of the planets, but the

orbiter-bus would be placed on a trajectory which would ensure that it would

remain above the sensible atmosphere for at least 50 years; thus, no

sterilization would be required. The development plan shows that to obtain

the scientific value desired, two spacecraft should be scheduled for each launch

opportunity and hardware development should begin in 1964 to meet the 1969

launch date for Mars.



I. INTRODUCTION

The system analysis volume presents the results of interdisciplinary analy-

ses and tradeoff studies which influence the Voyager spacecraft design. A mis-

sion profile is presented which outlines the sequential operations throughout the

spacecraft mission and develops, in some detail, the anticipated environment

for each segment of the operational spacecraft life. Representative results of

system analysis studies presented in this volume were used in the development

of the orbiter and lander vehicles and the scientific mission discussed in volumes

2, 4 and 5.

Because of the voluminous nature of the system analysis results for the

Voyager program, in some cases only representative results are presented. In

general, they are presented in tabular rather than graphical form. Several

specialized related studies are presented in appendixes A through F.

-2-



Z. VOYAGER MISSION PROFILE

The sequence of events and environmental conditions of the Voyager mis-

sion are tabulated in subsequent sections. The sequential operations of the

Voyager spacecraft are shown in tables I through 4. The Voyager mission can

be divided into phases as follows:

2. 1 Factory to Launch

The spacecraft is disassembled, packaged, and shipped to the launch site.

At the launch site, the vehicle is reassembled, checked out, and placed onto the

booster. Further checks are made on the launch pad.

2.2 Orbiter-Bus Mission from Launch to Lander Separation

The orbiter-bus is injected by the three-stage Saturn booster into an inter-

planetary transfer orbit. The vehicle remains in unpowered flight, except for

brief periods on the interplanetary trajectory. The attitude of the spacecraft

is stabilized by reference to the sun and star, Canopus. During any period in

which thrust is applied to the vehicle, the antennas and instruments mounted on

booms must be stowed because of the deleterious effects of the acceleration

forces and also to prevent a shift in the center of gravity which would alter the

direction of the applied velocity increment. Three midcourse corrections are

planned; in the case of the Mars mission, the third correction at 10, 000,000

km from planet encounter will also adjust the time of arrival to control the longi-

tude of the landing site. The 35-watt OS-1 transmitter is used for in-transit

communication of low bit-rate engineering and scientific data to the DSIF.

Scientific measurements of energetic particles, radiation, magnetic fields,

electron density, and micrometeoroids are all made in transit.

A tabulation of these measurements is given in figure 1. Lander-orbiter

separation takes between 1,000,000 and 300,000 km from the planet.

2.3 Lander Mission

After separation, a velocity increment normal to the flight path is imparted

to the lander to alter its course from a fly-by to an impact trajectory at a speci-

fied atmospheric entry angle which determines the landing site. After atmos-

pheric entry, the drogue chute is opened at a preset Mach number to slow down

the lander. The main chute is opened between i0,000 and 20,000 feet upon ac-

tuation by a radar altimeter.
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Lander scientific data collection begins at entry into the planetary atmos-

phere. Television pictures are taken after main chute opening. The LS-I trans-

mitter relays real-time data to the orbiter from lander/orbiter separation to

opening of the lander main chute. The LV-1 system transmits recorded descent

data, TV pictures, and some real-time data to the orbiter relay during a 10-

minute period centered about planet impact. Descent data includes pressure,

density, and temperature measurements and also atmospheric sampling.

The lander vehicle impacts the planet and reerects itself to an upright posi-

tion. The 5-foot-diameter, direct-link lander antenna and the scientific instru-

ments are erected, deployed, and a programed sequence of scientific measure-

ments is performed as indicated in figure 2. Atmospheric measurements are

continued. In addition, biological and soil studies are performed. Instrumen-

tation power requirements are given in figure 3. Scientific data collected on

the planet surface are transmitted at regular intervals by the LV-1 on orbiter

relay command and by the LS-3 transmitter on DSIF command. The LS-Z,

which transmits at very low bit rate (2bps) directly to the DSIF, is used for

emergency backup. In the Venus mission, there is no transmission directly to
the DSIF. All data are transmitted via orbiter relay. Martian surface meas-

urements will continue for 6 months; however, most of the significant data will

be obtained within 48 hours.

Z. 4 Orbiter Mission

After lander/orbiter separation, retrothrust is applied to the orbiter so

that it will lag behind the lander at planet encounter. This is required to posi-

tion the orbiter to relay to Earth the entry and impact data transmitted by the

lander. A planet tracker is used for terminal guidance as the orbiter approaches

the planet. The orbiter vehicle is retrothrusted to establish a 1700 by 10, 000

km elliptical orbit about Mars. The planetary surface is mapped by TV cameras.

After orbit injection, there is a switchover to the 120-watt OS-2 transmitter

for transmission of the TV mapping data and relay of surface scientific meas-

urements made by the lander vehicle. Data relay continues for 6 months.

2.5 Environmental Conditions

The environmental conditions anticipated for each segment of the space-

craft flight are summarized in tables 5, as supplemented by tables 6 and 7 and

figures 4, 5, and 6.
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Event Function Comments -- Method of Command

3Z. Receive and store information

for : a)time and direction of

lander launch and Av magnitude

b) Direction and magnitude of

orbiter retrothrust

33. Null rate integrating gyros

34. Orient vehicle for lander

launch

35. Separate lander

36. Renull gyros

37. Orient orbiter to retrothrust

attitude

38. Null axial accelerometer

39. Stow antennas and sensors

on booms

40. Retrothrust orbiter

41. Command thrustoff

4Z. Deploy antennas and sensors

43. Reorient orbiter to resume

cruise

44. Turn on planet tracker

45. Aim planet tracker along

expected LOS by orienting

vehicle.

46. Acquire lock-on to planet

47. Take a navigational fix on

planet

48. Reorient vehicle for thrust

49. Stow antennas and sensors

For attitude memory

To obtain AV so that orbiter

lags lander

For terminal guidance

To refine computed position



,E I

a _. ORBITAL MISSION PROFILE

17.

18.

19.

ZO.

Z1.

ZZ.

23.

24.

25.

26.

27.

28.

29.

30.

31.

Event Function Comments-Method of Command Time

Turn on digital control

unit (DCU)

Turn on rate integrating gyros

Receive and store reorier_tation !

commands and (AV) command

Null rate integrating gyros

Perform reorientation for

thrust

Null axial accelerometer output

Stow antennas and sensors

mounted on booms

Command thruston

Command thrustoff

based on AV

Reorient vehicle to reference

attitude (Sun-Canopus axes)

Acquisition mode -- reacquire

Sun, Canopus, Earth

Turn off DCU

Resume cruise mode. Repeat

steps 17 to Z8 for additional

midcour s e corrections.

Turn on DCU

Turn on gyros

For first midcourse correction

For attitude memory

For attitude memory

h_, then h0

To measure AV

To acquire Avfor trajectory

correction

To acquire AV for trajectory

correction

To resume cruise mode

DSIF command

Events 18 to 28 programed by DCU

For lander orbiter separation

operations

For attitude memory

Corrections will be made at 1 week and

2 weeks after launch (T) and at 10,000,000

km before encounter. Last correction

adjusts time of arrival.

DSIF command

Events 30 to 70 programed by DCU with

DSIF command as backup

M- 2hr.

M - 2 hr,

M- lhr.

M- 0.6 hr.

M- O. 5 hr.

M- 0.1 hr.

M

M+ 0.5 hr.

M+ 0.6hr.

M +1 hr.

S - 2hr.
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MARS VOYAGE]

Event Function Comments-Method of Command

Main booster engineI. S-I engine ignite

2. Liftoff

3. S- 1 engine cutoff

4. Staging

5. S-4B engine ignite

6. Eject nose fairing

7. S-4B engine cutoff

8. Staging

9. Coast in orbit

i0. S-6 engine start

I I. S-6 engine cutoff

12. Jettison S-6 engine

Activate Voyager G&C

13. Acquisition mode

a. Acquire Sun w/Sun

sensor, and orient roll axis

along the sun line

b. Acquire Canopus with

tracker and orient in roll by

Canopus

c. Acquire Earth

14. Turn on OS-I transmitter

15. Turn off OS-I transmitter

16. Maintain Attitude control with

SS&C tracker inputs and

reaction jets

Separation

Second stage engine

Jettison payload shroud

Separation

Injection into transfer orbit

For P + Y control

For roll control

For antenna orientation

For tracking and verification

of commands and transmitting

scientific measurements

For vehicle orientation during

cruise mode

Booster time periods are typical for

1969 launch

Begin parking orbit

Discrete signal from Saturn G&C

DCU command

By ground command

DSIF command. OS-1 transmitter is

turned on and off regularly in transit.

See figure 1 for in-transit and orbital

scientific measurement sequence.

DSIF command



TABi

MISSION PROFILI

Time

+ Z. 55 rain.

+ 2.59 min.

+ 3.37 rain.

+ I 0.4 rain.

+ 56.4 rain.

+ 6 I. 8 min.

+ 5 rain.

+ 15 rain.

+ 25 min.

_- 2hr.

r

and

nder

;scent

o-

in

cal

Function Comments -- Method of Command Time

To correct interplanetary orbit

To obtain desired planetary

orbit

To obtain local vertical

To relay scientific data OS-I transmitter is backup

-6-



_J

.-.I.-
O0 O0

¢}
r_

0

+

U _ U

0 0 0
0 0 0

-I" "t- +

J

L_
+

r

e.

A

0

/-I

.<

kl

.<
,-.1

o_
0-,

O0

kl
0
<

0
_>

<

O

O

"IJ
O

i

I

S

O

D

O

r/l

_ O

•;-I U

o _ _

O O

_,4 °°

_s
AZ

,..g

0

n_

°._.1

o

_ .0

._ _ 0

_ 0

_ _s._N
_'_ _Cl
o _ _ _ o
_ _ng m_

0 _0

I

o -_ o
0 _ _

,_ _.o_o _s
o_'_ _o_o _

_ o_
_,_ "_ _ _.

_ _o_ _o

i

o_
o_

,,,,'4

_ O

_ O

o_

•_ 0

0 _h

0 _J N m

•.4 _ "_ _

4_
• °_-t

_J

0

,,.J
.<

!

0

._.<]

o_

_._

_'_

-7-



A

o

u

o

N

,-4

!

F-4

I

o o_• o

_ .,-'_

0d

0
u

o
.C

!

I

u

u

4.*

o

u

s_

o _

o
u o
u

-0

u

o
o

o

I

c_

.,._ "0 ,.0
0

0

_4

4-)

_ A
_ u'3

-8-

o o

o
•_ o

_d
-._

•'_ _ 0

-_ •

_._
2._ _ _

_._ _



,1"4 .,=4

I

,-1

op.I

B

...I- ÷
,-1

o

o

,-_
o

I

I

t/l

o,1

o

!

o

@

o o

13)

o o

4 _4

4-1

o "_ u

u

4,O

_._ ® o . -

_ 0 _ _ _ _ _ _

_o _ _
0 _ '_ _ _

4_

_._ -_ _ _ _ o o _B
o _ _ •

-9-



A

o
(D

o
u

o

o

4-_

I

I

o
k)

o

u

4-1

o

u_

I'M

0_...

+

,C tn

+

,_ _ _ o

_2
o

,._
u
0

_JO .,.-I

o N ,-_

_2

m O _

0

o

r/l

_ C

o
u

U

4_

i-q i%1

_ u

,'_

_-_ o

.,-4 _

_o
4_~_

o _ m

d

-10-

4,-}

t/l

4_
°_,_

N

I

u?

C
o

C



t,

B

A

"0

o

o o

o

_o

.o -_

o

_ _ o
o ._ ._ "_

"0 _ _ o

(].) ¢) "0
_ ,

U

I

4_
°_-I

o

m u

o o ._

o., ._ o u

0 _

I I I I

o

0
I

_J

4_

0

QJ

I

!

m

m

E_

-If-

o
N

o

o

o

._ 0o
_o _

0 m _ 0

4 4 4

m m m _
! I I I

I I

!

o
N

o o

o o
o 0

I !

-d -d

rj? m

I !

I

0 0



z
o
I,--I

o_
I-.4

o
!

0

or.I

N o

_ o

r/l
°r-i

i-o
o

4_

I

_o

O

o
.g,
U

O,1

+

o
U

o
I-I

O

O

O

4_

U

d

,""4

o

O

__o__o_ °_
4_

_ _o

_° o

,.4 [Q

_ 0

1%1

U

•o,_I

Ol

4_

_u

O

0

,6
,.0

_o _

4-)

0

_,_._
4-1

0"1

4_

O _ _

_ O ._

• '_ NI

O

o

U

U

-12-



lip

0

o_
F_

0

0

o
k

v

o

I

I

0

u

u

u-i

-I-

0

I:::Io

o_
•,-4 0 0

i '•,_ _
• o ._-I oft •

,--I

0

,J

q)

.r.i

o

4_

o

I:m
°,-I

0) "_

4_

or.I 4_

a_



m

q

H
Z

0

Z

o

o z z z z

-14-



o-_u
._ o_

o c._

u _

°2_g

-g

_ o

L) m

m

2

o

6 • ,

_ _o_._ =_

_ _ "_ _ _ "_ .

_ o ._ _ _.o

_._

= o

o_

Z

_o

<'_

>._ 4_,._

.... =: _o..0 Z m

i

>.

_- _ = ., ,
.'_ _ _ ®_ "_._ _ ' =

o=

"_> o o

o_O,_ ._

, ._ _-_ =
o

z__

_ me _

_ o

15_ °

.m _ o,,6

.. .u
o

,_ u o o ° _u u

o_

_ om

o
m

o u

-15-



TABLE 6

RADIATION DOSAGES IN SPACE PRODUCED BY ATOMIC PARTICLES

Inner Radiation Belt

400/1200 km to

10,000 km

Outer Radiation Belt

10,000 km to

60,000/85,000 km

Solar Flares

protons

electrons

photons (3)

total

electrons

photons

total

Protons

electrons

photons

total

Ionization, erg/gm-yr (1)

Energy Extreme Through Through

(ev) Surface I mg/cm z 1 gm/cm 2 (Z)

103 to 7x108

< 2x104 to 106

< 2xlO 4 to 106

Zxl0 4 to 5x10 6

2x10 4 to 5x10 6

2x107 to 109

•_5x104

5x104

10 Iz

1014

107

1014

1013 to 1015

107 to 109

1013 to 1015

10 5 to 10 6

10 7 to 10 9

10 2 to 10 4

10 7 to 10 9

I0 II

1014

107

1014

1013 to 1015

107 to 109

1013 to 1015

10 5 to 10 6

10 7 to 10 9

10 2 to 10 4

10 7 to 10 9

l07

0

107 to l08

l07 to 108

105

106 to 108

106 to 108

10 4 to 10 5

0

10 2 to 10 4

10 4 to 10 5

Cosmic Rays protons 108 to 1017 i02 to 103 102 to 103 I0 z to 103

Notes: (1)

(z)

(3)

1 roentgen = 93 erg/gm

1 rad = 100 erg/gm

Earth's atmosphere places about 1000 g/cm 3 between the

surface and space.

Bremstrahlung photons

TA BLE 7

ENERGY DISTRIBUTION OF SOLAR ELECTROMAGNETIC RADIATIONS

Wavelength Interval Approximate Percentage

Type (angstroms) of Radiant Energy

X-ray

ultraviolet

visible

infrared

infrared

infrared

Notes: 1.

2.

1 to 2000

g000 to 3800

3800 to 7000

7000 to I0,000

I0, 000 to 20, 000

ZO, 000 to 100, 000

0.2

7.8

41

ZZ

Z3

6

At Earth's mean distance from the sun (1 AU) the total solar

radiant flux is 0. 140 w/cm 2. The value of this factor in various

systems of units is as follows:

1.40 x 106erg/cm Z - sec

Z. 0 cal/cm z - min

440 Btu/ft Z - hr

At the orbit of Venus, the intensity of solar radiation will be 1.9

times that at Earth's orbit, and at the orbit of Mars, 0.43 times.

Albedo factor (reflectance)

Earth: 0.40

Venus: 0.65

Mars: 0. 14
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3. MISSION TRADEOFFS

3. 1 Introduction

In the process of the Voyager Spacecraft Study, certain mission tradeoffs

were investigated. The results of these tradeoffs were strongly influenced by

the Voyager scientific objectives, weight limitations, and launch window con-

straints which were furnished to the study. As the study progressed, major

mission tradeoffs were made which, in turn, influenced the final spacecraft
configuration:

1. The decision was made to split the mission of the spacecraft into an

orbiting vehicle and landing vehicle on a single launch vehicle rather than to

design a spacecraft that would be used as an orbiter or lander alone. This

decision was the single most important result of the tradeoff studies.

2. The decision to design a split payload led to the selection of a booster

with a 7000-pound payload capability. Studies showed that the split-payload

spacecraft weight, necessary to meet program objectives with a high probability

of mission success, was less than 7000 pounds but greatly in excess of 4000

pounds. The results excluded the use of a booster with only a 4000-pound pay-
load capacity.

3. The decision was made to use a hard lander, a vehicle capable of com-

pleting its mission regardless of its attitude immediately following impact,

rather than a soft lander, a vehicle always capable of maintaining its attitude

prior to and immediately following impact. The hard lander was designed with

a low-gain antenna system so that communications would not depend on its atti-
tude. It was found that a high information transmission rate to Earth could be

achieved if the orbiter, designed to perform scientific measurements, were

also used as a communications relay.

4. The decision was made to incorporate design features into the space-

craft so that it could be adapted for exploration of both Mars and Venus, could

carry more than one lander, and could also be utilized with a 60, 000-pound

spacecraft. In general, it was found that this adaptability could only achieved

with some moderate degree of spacecraft modification.

3. 2 Split Payload

The advantages of the split payload are manifest in the many possible de-

sign relaxations and subsequent design improvements that are permitted in the
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overall Voyager spacecraft. The most important of all spacecraft design re-

laxations that can be achieved with the split payload mission concept lies in the

lander antenna system. A low-gain antenna system which is independent of

lander attitude can be used for Mars and Venus rather than a high-gain antenna

system which is dependent on lander attitude. Scientific mission studies have

indicated that a high bit rate for transmission of information is necessary if the

Voyager mission objectives are to be achieved. Direct communication from

the planet to Earth requires a high-gain antenna to obtain a high data rate;

whereas a high data rate can be achieved from a low gain lander antenna if an

orbiter is used as a communications relay. During the early missions, when

the surface characteristics and low-altitude atmospheric environment of the

planets will not be known, studies have shown that it will be relatively difficult

to design a lander that will have a high assurance of landing in a designed orienta-

tion. The proper orientation of the lander is paramount to the use of a high-

gain antenna for direct transmission of information at a high data rate. Studies

of Martian landers have indicated that information can be transmitted at 1500

bps through a 5-foot antenna. If the lander attitude cannot be assured so that

a low-gain antenna direct link system must be used, studies have indicated that

the anticipated bit rate will be less than 5 bps. Mission objectives will not be

met at this bit rate. By using a low-gain antenna system for transmission of

information through the orbiter, information can be transmitted at the rate of

10, 000 bps. The orbiter is designed to transmit about 4500 bps from Mars to

Earth through its communication system which incorporates a high-gain antenna.

The resultant bit rate achievable by the use of a low-gain antenna system in the

lander with an orbiter as relay would be 4500 bps. This approach relaxes the

problem of lander attitude, but introduces an additional communication link.

It seemed judicious to choose a system which was independent of lander attitude

and defendent upon the calculable reliability of an orbiter link, rather than a

system which was dependent on the lander attitude designed for landing on an

unpredictable surface.

The concept of coordinating the orbiter and lander to complement each

other's scientific investigations is most attractive. For instance, during the

passage of the wave of darkening over the Martian surface, dual measurements

from an orbiter and lander would be more significant than from either one alone.

Another advantage accruing from the split payload using the orbiter as a

relay is the relaxation in landing site. Although current scientific mission

analyses have indicated that the landing site would be visible to Earth after land-

ing so that direct communication can be used as a backup to relay communica-

tion, the use of an orbiter as a relay would permit landing in latitudes that

would not be visible to Earth for months.

The split payload of an orbiter and lander is also consistent with the desire

to achieve a single Voyager spacecraft design that could be used for the dura-

tion of the program. If an orbiter{s) is sent on a single booster, then a bus

mode of operation must be provided for the interplanetary cruise. This mode
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must include guidance, attitude control, midcourse propulsion, monitoring of

external influences, such as meteoroid and high-energy-particle disturbances,

and internal monitoring of operating conditions. This information must be com-

municated back to Earth if the spacecraft performance is to be evaluated. For

an orbiting mission, a vehicle will have to be provided with all of these functions;

the approach has been to design the orbiter to fulfill its orbital mission objec-

tives and also to use its systems for the bus mode. Since the orbiter is also a

bus, there is very little penalty for adding a lander. In contrast, if a lander(s)

is sent on a single booster, then a bus mode must be provided. It is for these

reasons that the orbiter is referred to as an orbiter/bus. The major difference

between the orbiter and bus requirements is the propulsion system. The pro-

pulsion system required for the bus mode of operation must provide an incre-

mental velocity capability of about 0.2 km/sec, whereas the propulsion system

for the orbiter mode of operation must be capable of 2 to 4 km/sec. It is pos-

sible to design a propulsion system that can accommodate both propellant load-

ings. The main penalty resulting from this dual-purpose propulsion design is
that about 400 pounds of unnecessary dry propulsion system must be carried

for the bus mode of operation, if a redesign of propulsion tankage is to be
avoided.

3. 3 Selection of 7000-Pound Spacecraft

Design studies have indicated that the characteristic weight of the split pay-

load Voyager spacecraft that is consistent with the scientific mission objectives

with a high probability of success is compatible with the 7000-pound class of

vehicle. Studies have also shown that the spacecraft for Mars would be divided

into 4000 pounds for the orbiter and 1700 pounds for the lander; for Venus, the

spacecraft weight with the atmospheric capsules would be 5500 pounds for the

orbiter and a total of 570 pounds for the capsules. These weights are less than

the 7000-pound characteristic weight, but considerably greater than 4000 pounds.

Therefore, the split-payload spacecraft that has been designed to fulfill the

Voyager mission objectives, and achieve a high probability of success over the

lifetime of the program, is compatible with the 7000-pound spacecraft. It is

possible to design a 4000-pound, split-payload spacecraft, but either the mis-

sion objectives would have to be lowered, or the probability of success be reduced.

3.4 Hard-Lander Decision

Many types of landing systems have been investigated, and they may be cate-

gorized into two basic classes: those systems that always remain erect, that
is, in an upright position during and after impact, and those that are toppled

during the impact phase. The class that topples can be further divided into two
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categories: those systems that allow for reerection of the lander after impact,

and those systems that permit operation in any attitude. The designation of

hard lander implies a high-impact velocity and soft lander implies a low-impact

velocity. A soft-landing system, which can use a retrorocket system to effect

touchdown, will generally be a system that would also be designed to stay erect.

A hard-landing system can fall into both categories, that is, both erect and re-

erect. Figure 7 shows examples of the various classes of landing systems
considered.

The main limitation in the soft lander lies in the accuracy of the sensors

required during the controllable descent and not in the control system itself. If

touchdown velocities are to be controlled within 10 ft/sec or less, it was found
that the lander must be controlled to within a few feet of the surface. Almost

no free fall is permissible if the 10 ft/sec impact velocity is not to be exceeded.

If free fall is not allowed, then the only error in the vehicle's terminal velocity

will be limited to the accuracy to which the velocity can be determined. The

problem of sensing velocity below about a 20-foot altitude where velocimeters

are no longer accurate can be circumvented by the introduction of integrating

accelerometers. Horizontal velocity can be sensed by means of three sym-

metrically placed doppler radar antennas. An error analysis has shown that

3 ft/sec (3o) random error due to each beam results in a horizontal velocity

error of about 10 ft/sec (3a). Perturbations due to gust loads on the lander

have not been factored into the study. Even if the lander achieves a soft touch-

down, it is questionable whether it would necessarily remain in an upright posi-

tion, due to uncertainties in the planet's topological features.

If the ability to remain in an upright position after soft landing is question-

able, then it is doubtful that the soft lander is a sound approach. Current design

calls for a hard lander with a reerection system to allow performance of the

programedmission. However, partial mission success is assured even if it

remains in a toppled state.

The design of a hard lander that reerects can be predicated on fewer as-

sumptions about the topology of the planet than that of a soft lander. The use of

a hard lander with orbiter relay relaxes the requirements placed upon the lander

which must be designed for operation on an unknown surface. A hard lander

can be designed to accommodate a wider spectrum of surface conditions for the

same allowable weight. The orbiter relay can be designed for a narrower range

of operating conditions since the upper atmospheric environment is known more

accurately than the planetary surface. Thus the split payload mission and hard

lander with a low gain prime communication link through the orbiter represents

a sound engineering design. If the payload limitations will allow inclusion of

the high-gain direct communications link within the lander design, an additional

increase in system capability, reliability, and potential can be achieved.
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3. 5 Adaptability

It was found that the major modifications in the spacecraft designed for
both Mars and for Venus occurred in the lander. For the lander, the thermo-

structural shield for the two planets would be significantly different, represent-

ing two distinct design efforts. For the Venus lander, the payload would be im-

mersed in a liquid-ammonia boiloff bath for limited-duration thermal protection.

This would not be necessary for a Mars lander where passive thermal control

can be achieved. The modifications required in the orbiter include the removal

of the television cameras from the mapping gimbal on the Mars orbiter and re-

placement with microwave and radar antennas for the Venus orbiter. In addi-

tion, for the Venus spacecraft the number of solar cells could be reduced, and

the surface coatings of the orbiter and lander changed to adjust to the significant
difference in solar-radiation flux.

It was also found that the positions of the communication antennas and scien-

tific instrument gimbal on the orbiter/bus would have to be altered to account

for the varying look angle excursions for trips to two different planets. The

decision to utilize a fixed-solar-cell panel will allow any clock angle position

for an antenna or scientific instrument gimbal for both the single and twin lander

orbiter configurations. The rather different propulsion requirements for mis-

sions to the two planets, and even between successive missions to the same

planet, can be accommodated by a single propulsion system weighing 3860

pounds, 460 pounds of which is dry propulsion weight. With this propulsion sys-

tem, the dual-planet mission objectives could be met. In general, if was found

that for missions to Mars the propellant tanks would not have to be filled to

capacity, and for Venus the tank size is too small to permit the spacecraft to

achieve its maximum allowable injected weight, resulting in some weight penalty
in each case.

The spacecraft could be designed to accommodate more than one lander for

missions to both Mars and Venus, providing that the sum of the lander diameters

did not exceed the nominal diameter of the spacecraft. A structural modification

must also be made in the orbiter/bus if the landers are to be released at dif-

ferent times. To satisfy this design condition, a center support must be pro-

vided for the landers. The resulting loads from this support are carried through

the orbiter/bus, but fortunately, along existing load paths, so that the resulting

weight increase is less than 40 pounds.

Application of the orbiter designed for the 7000-pound split payload to a

60, 000-pound spacecraft was also investigated. The 60,000-pound spacecraft
has a characteristic diameter of 240 inches, the same as the 7000-pound space-

craft. Examples of adaptation of an orbiter/bus designed for a 7000-pound space-

craft and utilized with a 60,000-pound spacecraft are shown in figures 8 and 9.

The orbiter/bus configurations that are shown represent early design concepts.

-29-



However, the design refinements that were finally incorporated into the refer-

ence design of the orbiter/bus would not alter the adaptation approach presented.

In concept, the orbiter/bus for the 7000-pound spacecraft would serve as a bus

for the 60,000-pound system. Figures 8 and 9 show the orbiter/bus with a

Mars entry capsule that has been scaled up to take advantage of the larger weight

and dimension limits. To arrive at some criterion for establishing the space-

craft configuration, a lander concept was selected. With this large available

weight, a roving vehicle would be a desirable payload for the Voyager. A steril-

ization can is also shown, although by the time such a large payload could be

launched, sterilization requirements may have been reduced. In figure 8 the

orbiter/bus is mounted so that its inertial loads during launch are carried by

the lander, and in figure 9 the orbiter/bus and lander loads are transmitted in-

dependently to the spacecraft adapter. In both cases, the load paths were chosen

to require no modification of the spacecraft structure. It is to be noted that

both figures cite that the gross spacecraft weight is 50,000 pounds. Based on

an allowable impact velocity, a corresponding M/CDA can be evaluated. The

M/CDA and allowable lander diameter furnished by the booster shroud constraint

led to an entry vehicle weight of 46, 000 pounds. The orbiter/bus with propel-

lant weighs about 4000 pounds, for a total spacecraft weight of 50,000 pounds.

The impact velocity limitation is arbitrary, however. If the spacecraft weighs

60, 000 pounds, the greater impact velocity resulting from the increased M/CDA

could be offset by the introduction of a retropropulsion system to achieve the

lower impact velocity.

A brief study showed that the propulsion system sized for midcourse cor-

rections of the orbiter/bus and injection of the orbiter/bus into an orbit was

compatible with the propulsion system that would be required for midcourse

corrections of the much larger spacecraft. The 460-pound propulsion system

for the nominal orbiter/bus design can contain about 3400 pounds of propellants.

Only 2800 pounds of propellant are required for the midcourse velocity correc-

tions of a 60,000-pound spacecraft. The major incompatibility was the size of

the attitude control system. For the 7000-pound spacecraft, 22 pounds of cold

gas are required for the mission life. The gross weight of the reaction control

system is about 50 pounds. For the 60,000-pound spacecraft, 100 pounds of

cold gas are required, and the total system weight is about 250 pounds. If a

hypergolic system which draws reaction mass from the main propulsion system

is used, then only about 24 pounds of gas are required. The total weight of this

system would be about 60 pounds, if the required tankage to contain this pro-

pellant is charged to the main propulsion system. Another problem that would

possibly arise, but which has not been fully explored, is the look-angle inter-

ference of this much larger spacecraft.
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3.6 Summary

In conclusion, the major system tradeoff result has been the selection of a

split-payload spacecraft. It was found that not less than a 7000-pound space-

craft is compatible with a split payload that can achieve mission objectives with

a high probability of success. The design of a hard lander to increase the proba-

bility of a successful landing is compatible with the split payload spacecraft in

that relay through the orbiter from a low gain antenna system will still allow

for a high bit rate of information transmitted to Earth. A common orbiter/bus

can be designed with one or two landers and adapted for missions to both Mars

and Venus. Finally, the 7000-pound spacecraft can be adapted to a 60, 000-pound

spacecraft with major alteration only to the attitude control system.
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4. PAYLOAD STUDIES

4. 1 Introduction

An integral part of a preliminary design study for an interplanetary mission

entails analysis of the various trajectory characteristics associated with each

launch opportunity. In theory, there are an unlimited number of possible inter-

planetary trajectories for a given target planet as there are at least four tra-

jectory paths per given departure energy per day. This vast wealth of informa-

tion can be reduced to a tolerable limit by the employment of realistic engineering

constraints. An evaluation of the characteristics of present and proposed boost

vehicles in conjunction with desirable mission payloads places an upper bound

on the injection energy requirements. Additional engineering constraints which

must also be considered are:

1. Maximum communication distance at encounter and at termination of

the scientific mission

2. Vehicle-sun distance for thermal considerations

3. Approach geometry that yields favorable lighting condition at encounter

for lander vehicles and proper orbital orientation for the mapping and scientific
functions of the orbiter vehicle

4. Time of flight for reliability considerations (even though the heliocentric

transfer angle is constrained to be less than 360 degrees, times of flight to Mars

can exceed 400 days)

5. Launch azimuth constraint which eliminates from consideration those

trajectories where the declination of the geocentric asymptote exceeds the maxi-

mum orbital inclination achievable with an AMR launch. (This constraint may

be relaxed or removed entirely by the employment of a dog-leg maneuver. )

With these and additional engineering constraints, the range of acceptable

departure trajectories approaches manageable proportions for each launch

opportunity.

Since the cost per pound of scientific payload is extremely high for a Voyager

type interplanetary program, it is obvious that either scientific payload or the

desired planetocentric orbit must be maximized for each launch opportunity.

There is a marked payload variation associated with the various launch opportuni-

ties due to the changing energy requirements associated with the fact that the

planetary orbits are neither circular nor coplanar with the ecliptic plane. The

payload occurring at the extremity of the best 15-, 30-, or 45-day window asso-

ciated with the minimum payload launch opportunity can be selected for the purpose
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of mission commonality as the reference design. The achievable payload in-

crease within this and the other launch opportunities can be utilized for additional

scientific equipment, additional landers (if a split-capsule mission is envisioned),

or redundant systems to improve mission reliability. An alternate approach to

varying the mission payload is to select a reference payload and nominal orbit,

and optimize (increase negatively) the orbital energy while maintaining a fixed

payload and periapsis altitude.

The final optimizing approach selected is a function of the scientific mission,

mapping techniques (optical or radar), and communication requirements.

4. 2 Discussion

1. Analytic solution. There is a variety of possible mission payload

optimizing techniques, varying in complexity, depending upon the desired accu-

racy. An exact analytic solution is extremely difficult to formulate due to the

number of variables. The weight injected into the heliocentric orbit is a function

of the propulsion characteristics, staging, and trajectory profile of the boost

trajectory. The hyperbolic excess departure velocity is a function of the launch

and arrival dates while the hyperbolic excess approach velocity is a function of

the transfer orbit characteristics and the components of the planet's orbital

velocity at encounter (sphere of influence). Even if it is assumed that the maxi-

mum weight injected into the transfer orbit is known as a function of departure

velocity, an analytic expression relating the departure and arrival velocities

is required. The weight injected into the transfer orbit is a function of the

departure velocity and the weight injected into the planetocentric orbit is a func-

tion of the arrival velocity. Therefore, if for a given launch date these velocities

could be simultaneously minimized, the maximum weight would be injected into
the heliocentric transfer orbit and subsequently into the planetocentric orbit.

Since upon examination of the departure and arrival velocities it was found that

the relationship between the velocities changed drastically from day to day

within a given launch opportunity, this approach was not pursued further.

2. Numerical technic_ue s,
-

a. N-body trajectory program. After the configuration has been

completely determined for each launch opportunity, i. e., all orbiter, orbiter-

direct lander, fly-by lander, etc. , the mission payload can be optimized by

simulating the total mission, including thrusting periods for orbital trim require-

ments, with an N-body trajectory program. This method can be used to obtain

the variation in payload as a function of time of flight for a single launch date

and an iteration performed to determine the daily maximum payload as well as

the variation in the daily maximums for the complete launch opportunity. While

yielding accurate payload weights, this method is extremely time-consuming

due to the general complexity associated with such a program.
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b. Two-body trajectory program. The same iteration process, pre-

viously mentioned, can also be achieved with a two-body program with less ac-

curate results due to the approximate nature of the departure and arrival veloci-

ties. This procedure is essentially the one performed with velocity information
obtained from ref. (1).

4.3 Employment of Minimum Departure Velocity

With the summary trajectory information supplied by JPL to be employed in

the Voyager Program payload analysis, the trajectory parameters associated

with the daily minimum departure velocities are most accurately obtained at the

vertical asymptotes at the extremes of a given energy contour. Since the daily

minimum departure velocity maximizes the weight injected into the heliocentric

transfer orbit, this velocity was utilized in determining initial values for opti-

mum launch periods in a given launch opportunity and the associated mission
payloads.

The configurations investigated in this analysis include all lander, all

orbiter, and the combination orbiter/lander where the lander portion of this

split capsule is separated from the orbiter before reaching the target planet.

Within each launch opportunity there are two types of trajectories {Type I with
heliocentric transfer angles less than 180 degrees, and Type II with heliocentric

transfer angles greater than 180 degrees) and within each type the minimum

energy trajectory is the separation point between class I and class II trajectories.

Class I trajectories have shorter times of flight and smaller transfer angles

than the corresponding class II trajectories. The existence of six paths, as

noted in ref. (2), is a rare occurrence and is possible only for short intervals

(several days) within selected launch opportunities. Favorable launch opportuni-

ties for Venus occur every 19. 2 months. It has been noted in ref. (Z)that there

is a cyclic recurrence of the same absolute space-fixed geometry of the earth

and Venus. These cycles, known as metonic cycles, are related to the synodic

period and, for Venus, this cycle is approximately 8 years or 5 synodic periods.

For Venus missions, launch opportunities between 1964 and 1970 were analyzed

for both Type I and Type II trajectories. Thus from the metonic cycle the Venus

launch opportunity trajectory characteristics for 1972 are approximately the same
as for 1964, and 1973 is the same as 1965 and 1975 is the same as 1967.

For Mars missions, favorable launch opportunities occur every 25.6 months

and the metonic cycle is approximately 15 years or 7 synodic periods. Payload

studies for the above mentioned missions were conducted for Mars Type I tra-

jectories between 1969 and 1975 and for Type II trajectories in 1969, 1971, and

1975. The weight injected into the heliocentric transfer orbit, as a function of

the hyperbolic excess velocity at departure, was obtained from NASA Headquarters

and is the reference booster capability for the Voyager Program. This informa-

tion, as a function of the square of the hyperbolic excess velocity (C3), is
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presented in figure 10. In this analysis it was assumed that the combined mid-

course, approach, and terminal Av corrections totaling 0.3 km/sec were applied

impulsively, and in the split-capsule mission, that the lander was not separated
from the orbiter-bus until after the final terminal correction.

A representative value for the specific impulse was selected as 310 seconds.

The dry weight of the propulsion system can be expressed as a function of the

propellant weight. In this analysis a recommended value for the propellant mass

fraction, defined by

Propellant (Wp)

Propellant + Dry Propulsion System (Wps)

was 0. 865. Then the dry weight of the propulsion system can be expressed by

Wps = 0.156Wp •

The weight of all the lander mission vehicle including propulsion system,

structures, and heat shield can be computed by

AV

Wlande r = Wie c

where

c = effective exhaust velocity, golsp

Wi = weight injected into heliocentric transfer orbit

AV = 0.3 km/sec.

For this mission, the lander weight is maximized when we employ the mini-

mum departure velocity since this, in turn, maximizes the weight injected into

the heliocentric transfer orbit. Venus Type I and II trajectories in 1967, Mars

Type I in 1971, and Mars Type II in 1969 represent the most favorable launch

opportunities for maximizing the weight of the all-lander mission. However, for

Venus, the launch opportunities yielding the absolute maximum payloads are not

necessarily the same opportunities that yield the maximum payloads at the ex-

tremities of the best 30-day launch period due to the variation in the slope of the

• curves for different launch opportunities. For all launch opportunities, the dry

weight of the propulsion system for the all-lander is approximately 100 pounds.

For the all-orbiter mission, the same midcourse, approach, and terminal

correction hV capability was employed. Therefore, the burnout weight in the

desired planetocentric orbit for the mission can be computed by
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Worbite r = Wlander

AV

e

where

AV = the difference between the hyperbolic velocity at periapsis and the

velocity in the capture orbit at that point.

In establishing an elliptic orbit about the planet, the velocity decrement

was applied impulsively and it was assumed that periapsis of the approach

hyperbola and periapsis of the ellipse were coincident.

Therefore, the velocity to be removed can be expressed by

AV =

where

2.___ _ _ ra 2VV2 + rp rp r a + rp

V = planetary approach velocity

= gravitational parameter

rp " periapsis radius

r a - apoapsis radius.

The planetary approach velocity is a function of the transfer orbit charac-

teristics and target planet velocity components, and for the various launch

opportunities in question, was obtained from ref. (1). For Venus, the reference

planetocentric orbit was a circular orbit with a 1000-krn altitude, and for Mars

both a circular orbit with an 1800-krn altitude and an elliptic orbit with periapsis

and apoapsis altitudes of 1500 and 10,000 km, respectively, were analyzed.

As the hyperbolic approach velocity is a function of several variables, in

general, the approach velocity associated with the absolute minimum departure

velocity is not a minimum. Since the orbiter payload is a function of both the

departure and arrival velocities, the orbiter payload mission peaks at a different

date in each launch opportunity than does the corresponding lander mission. For

the all-orbiter mission, the maximum payload occurs for Venus 1967 and Mars

1971 launch opportunities for both Type I and II trajectories.

For Venus, the minimum payload (payload at the extremity of the best 30-

day launch period}, exclusive of the dry propulsion system weight, varies between

a low of 465 pounds in 1964 (1972} to a high of 1100 pounds in 1967 (1975} for
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Type I trajectories. Similar payloads for Type II trajectories are 200 pounds

and 1240 pounds, respectively. Prior to the 1969 launch period, Type II

trajectories result in slightly larger payloads than the corresponding Type I

trajectories due to the lower energy requirements; this reduced payload in 1964

(1972) resutts from the fact that the optimum portion of this curve is not usable

due to range safety constraints (to be discussed in detail later). In general, the

dry weight of the propulsion system for these Venus missions is approximately

900 pounds. For Mars missions in 1971, the minimum payloads, exclusive

of the dry propulsion system weight, for the optimum 30-day launch window

are 3400 and 2800 pounds for Type I and II trajectories, respectively, for the
elliptic orbit. The penalty associated with the attainment of a circular rather

than elliptic orbit is approximately 800 pounds for this launch opportunity. Due

to the different orbits considered affecting AV requirements, the dry propulsion

system weights vary from 450 to 850 pounds for Martian orbits. For the split-
payload orbiter/lander mission, the terminal AV requirements are identical with

those associated with the all-orbiter mission. The spacecraft weight at periapsis

of the approach hyperbola is reduced ¢ince the lander is separated from the orbiter

to injection into a planetocentric orbit. Therefore, the propellant weight, and
consequently the dry weight of the propulsion system is reduced for this mission

in comparison with the all=orbiter mission. The burnout weight of the orbiter

portion of the split capsule mission is computed by

AV

Worbiter/lander = (Wall.lander-

where

Wlander/orbiter) e

AV = velocity to be removed to establish desired orbit

Wall.lander = weight injected into the heliocentric transfer orbit minus

the propellant for the midcourse, approach and terminal
corrections

Wlander/orbiter = weight of the capsule ejected from the spacecraft prior
to final orbit establishment.

Again due to the varying approach velocities and varying orbiter weights at

the point of orbit establishment, the maximum weight for the split-capsule
mission does not necessarily occur at the same launch date for which the

payload weights for the other missions are also maximum. Similar to the

all-orbiter mission, the maximum payload for split-capsule Venus configura-
tion occurs in 1967 and for Mars in 1971.

For an optimum 30-day launch window in each opportunity, the minimum

payloads vary between Z50 and 700 pounds for Venus Type I trajectories.

Ignoring for the moment range safety constraints, approximately 100 additional

pounds of payload can be obtained with Type II trajectories prior to the 1968

T'
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launch opportunity. For Martian missions, the minimum payloads vary between

1050 and 2300 pounds for the elliptic orbit. A decrease of approximately 600

pounds is associated with the establishment of the circular orbit. For Mars,

Type II trajectories yield larger payloads prior to the 1971 opportunity than

the corresponding Type I trajectories. While the orbital payloads associated

with the split-capsule mission are less than those associated with the all-orbiter

mission, the combined lander and orbiter scientific payload may be substantially

increased. In these analyses, Mars Type I trajectories in 1969 and 1975 were

computed for completeness, even though the launch azimuth constraint negates

the entire 30-day window.

For the optimum 30-day window for each opportunity, the burnout pay-

loads, along with the propulsion system weights, are summarized in table 8

in addition to the vehicle weight injected into the heliocentric transfer orbit.

The weights are presented in this fashion so that the payload weight can be

computed if the propellant mass fraction varies. The dry weight of the pro-

pulsion system is based upon the maximum amount of fuel required for the

particular mission during that particular launch opportunity. In general,

this weight of propellant for each mission is maximum on the date corresponding

to the absolute minimum injection velocity. In addition to payload information,

this tabulation also indicates those launch opportunities where either a portion

or the total opportunity is unacceptable due to launch azimuth constraints.

For each launch opportunity, the burnout weights for each mission (lander,

orbiter, and orbiter/lander) are presented in graphical form for a minimum

of a 60-day period in figures 11 through 28. These 60-day windows were

analyzed to determine the above optimum 30-day windows.

In the preceding mission payload analysis, the split-capsule lander weight

was 2000 pounds. Since the orbiter weights associated with this lander are

unacceptable during certain launch opportunities and are only marginally ac-

ceptable during others, a brief analysis was undertaken to determine the in-

crease in the orbiter payload associated with a decrease in the lander weight.

In the limit, as the lander weight approaches zero, the split-capsule orbiter

weight approaches the all-orbiter weight. For the day in each launch oppor-

tunity where the split capsule orbiter weight was maximized, an influence

coefficient was computed to determine the increase in the orbiter payload as

a function of the decrease in the lander weight. These results are based on

lander weights of 2000, 1500, and 1000 pounds and are presented in table 9.

In addition to these influence coefficients, the variation in orbiter pay-

load over a complete launch opportunity was analyzed for Mars Type II trajec-

tories in 1969 and Venus Type I trajectories in 1964 (1972). This information

indicates that whereas the above mentioned influence coefficients are not ap-

plicable over the entire launch opportunity, they do afford a reasonably simple

method for analyzing the associated tradeoffs. These data are presented in

figures 29 and 30.
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TABLE 9

VARIATION IN SPLIT-CAPSULE ORBITER WEIGHT WITH LANDER

WEIGHT VARIATION

Planet

Venus

Mars

Mars

O rbit

1000/1000 km

1500/10000 km;

1800/1800 km

Date

Type I

aWo/L/aWL/o

4-15-64

ii-30-65

6-II=67

1-13-69

8-19-70

3-25-69

5-24-71

8-I0-73

9-24-75

3-25-69

5-24-71

7 -30 -73

9-24-75

0)

O.

O.

O.

O.

O.

O.

O.

O.

O.

O.

O.

O.

13

24

21

17

13

44

55

56

48

33

42

40

36

Date

2-28-64

ii-10-65

6- 3-67

12-11-68

8-11-70

Type II

aWo/L/o_ WL/0

0.16

0.19

0.22

0.23

0.14

An additional area that may be analyzed to obtain increased payloads is the

tradeoff between orbiter payload and specific impulse. As previously men-

tioned) the nominal value of specific impulse used in this analysis is 310 s,:c-

onds. For the Mars Type II trajectories in the 1969 launch opportunity pay-

load weights can be increased 1.0 percent for every 1.0 percent increase in

the specific impulse. However, without further investigations for other launch

opportunities, it is impossible to state how this influence coefficient varies as

a function of the mission and launch opportunity.

For Venus Type I and Type II trajectories for launch opportunities between

1964 and 1970, Mars Type I trajectories between 1969 and 1975, and Mars

Type II trajectories for 1969, 1971, and 1975, the pertinent trajectory param-

eters, mission payloads, and approach parameters are tabulated for at least

a 60-day period in tables 10 and Ii, respectively. For Venus the mission

payload weights are based upon a circular orbital altitude of 1000 kin. For

Mars, both the information pertaining to the circular orbit with an altitude of

1800 km and the elliptic orbit with periapsis and apoapsis altitudes of 1500 and

10, 000 kin, respectively, are presented.

The elements in the tables are defined as follows:
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i. Launch date: Date of departure from ]Earth.

2. Trajectory type and class: Type I refers to trajectories where the

heliocentric transfer angle (angle between sun-Earth line at departure and

sun-planet line at encounter) is less than 180 degrees, and Type II trajectories

have angles greater than 180 degrees. This entire analysis was conducted

with minimum energy departure velocities which represent the singularity

separating class I trajectories from class II trajectories within each trajectory

type. Class I trajectories have shorter transfer times and smaller transfer

angles than the corresponding class II trajectories for a given launch date within

each trajectory type.

3. Flight time: Time in days from Earth departure to planetary impact

4. Earth departure velocity: Geocentric asymptotic departure velocity

(hyperbolic excess velocity}. It is equal to the square root of twice the energy

per unit mass.

5. Injected weight: The total weight of the spacecraft injected into the

interplanetary orbit.

6. Planetary approach velocity: The planetocentric asymptotic approach

velocity.

7. Final orbit altitude (Min/Maxl: The minimum and maximum altitudes

for the terminal orbit about the destination planet. In the cases where the

rain/max altitudes are equal, the orbits are circular.

8. Velocity at closest passing point - The periapsis velocity along the

approach hyperbola.

9. Terminal orbit injection hV: The velocity increment for impulsive

injection into the terminal orbit at the periapsis point from the approach

trajectory.

10. Burnout weight, lander: The all-lander weight is equal to the weight
injected into the heliocentric transfer orbit minus the propellant weight for

the 0.3 km/sec midcourse, approach, and terminal corrections.

11. Burnout weight, all-orbiter: The all-orbiter weight is equal to the

all-lander weight minus the propellant weight for injection into the desired

planetocentric orbit.

12. Burnout weight, orbiter with 2000-pound lander: The split-capsule

orbiter weight is equal to the all-lander weight less the 2000-pound lander

weight minus the propellant weight required to establish the desired planeto-
centric orbit.
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13. Declination of the geocentric asymptote: The declination of the de-

parture velocity asymptote or hyperbolic excess velocity vector with respect

to the Earth's equatorial plane.

14. Communication distance at arrival: The Earth-to-planet distance at

encounter,

15. AnGle between approach asymptote and the orbital plane of the planet:

The angle between asymptotic approach velocity vector and the plane of the

planet's orbit about the sun. The angle is positive for the case of an approach

from below the planet's orbital plane .

16. Angle between approach asymptote and sunline: The angle between

the asymptotic approach velocity vector and the planet sunline is measured

from the sunline on the dark side of the planet clockwise for Venus and

counterclockwise for Mars.

4.4 Determination of Departure Velocity to Maximize

Daily Mission Payloads

For the all-orbiter and split-capsule orbiter/lander missions, the final

payload (exclusive of dry propulsion system weights) placed in a given planeto-

centric orbit is a function of the hyperbolic excess departure velocity(heliocentric

injected weight varies approximately linearly with the square of the departure

velocity) and the hyperbolic excess velocity at encounter. The dependence of

payload on variations in hyperbolic excess approach velocity can be shown through

the velocity decrement required to establish the desired planetocentric orbit by

AV =
_/ 2/1 _/ ra 2p.V2 + rp rp r a + rp

and

WpL= W° + PMF - 1

where

v_ asymptotic approach velocity

gravitational parameter
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w

r a, rp ; apoapsis and periapsis radii

= effective exhaust velocity

PMF = propellant mass fraction

W
O = weight along approach hyperbola.

If all other variables remain constant, the required velocity decrement

decreases as the asymptotic approach velocity decreases and the correspond-

ing orbital payload increases. Therefore, the maximum weight is injected

into the heliocentric transfer orbit when the minimum hyperbolic excess de-

parture velocity is employed, and the maximum weight is injected into the

desired planetocentric orbit when the hyperbolic excess approach velocity

is minimized for a given weight along the approach hyperbola. Since the

approach velocity vector is a function of the transfer orbit characteristics,

including departure velocity, the distance from the sun at encounter and the

components of the planet's orbital velocity, the minimum departure and ap-

proach velocities, in general, are not simultaneously achieved. For a given

departure date, the time of interplanetary flight between trajectories possessing

the characteristics of minimum departure velocity and minimum arrival velocity

can vary from 0 to 50 days, depending upon the target planet and launch oppor-
tunity.

A second payload analysis, similar to that previously conducted for the
minimum departure velocity, was conducted for 5 or 6 different launch dates

in each opportunity where, for a given launch date, the time of flight was

varied in 2-day intervals between the time corresponding to the minimum de-
parture and arrival velocities. These results indicated that the "all-orbiter"

payload mission is maximized daily when the sum of the departure and arrival

velocities is minimized. Generally, payload increases between 25 to 100

pounds are achieved over those associated with the minimum departure
velocity.

For the split-capsule orbiter/lander mission the maximum daily payload

occurs at or within a few days time of flight of the minimum sum. The in-

creased payloads for this mission are reduced slightly, in general, from those
of the corresponding all-orbiter mission.

It is interesting to note that, in general, the minimum sum occurs closer

to the minimum arrival velocity in time than to the minimum departure velocity.
For Mars Type II trajectories in 1969 and 1975, the minimum sum is achieved

for a class I transfer, whereas for Type I trajectories in 1971 and 1973, the

location of the minimum sum changes from class II to class I near the middle

of the launch opportunity. For Venus Type II trajectories in 1972, the minimum

sum occurs for a class I transfer, while in 1973 it is for a class II transfer.

-71 -



For Venus Type I trajectories in 1970, the minimum sum occurs for a class II

transfer, while in 1975 there is a switch from class II to class I.

While this analysis was conducted for both Type I and II transfers in each

launch opportunity, one transfer (in each opportunity) is more desirable than

the other when consideration is made regarding launch azimuth constraints and

injection energy requirements. For the above mentioned transfer trajectories,

these results are presented in summary tabular form for Venus in table lZ and

Mars in table 13. Slight discrepancies may be noted between the minimum

departure velocity results associated with the analysis and those previously

presented. These discrepancies arise from the fact that the departure and

arrival velocities for this present analysis were obtained from JPL trajectory

data whereas the original set of velocities was obtained from summary curves

in ref. (1).

In addition to the increases in the burnout weight, there is an additional

payload increase resulting from the fact that the propulsion system weights

associated with the minimum of the sum of the departure and arrival velocities

is reduced. Associated with this daily maximization technique, there is also

a 1- to 2-day shift in the best 30-day window.

This comparison, in addition to the propulsion system requirements, is

presented in table 14. The propulsion system is sized, in general, by the

absolute minimum departure velocity for a given launch opportunity, and this

minimum is increased when departure velocities associated with the minimum

sum are employed.

4.5 Final Mission Payload Analysis

i. Mars. Since it has been shown that the daily payload for the all-orbiter

and split-capsule orbiter/lander mission for a fixed set of propulsion system

characteristics is essentially maximized when the sum of the departure and

arrival velocities is minimized, these velocity components are employed in the

daily calculations for the final mission payload analysis. In this analysis, re-

vised propulsion system characteristics are also employed. The specific im-

pulse has been increased to 327 seconds from 310 seconds and the propellant

mass fraction increased to 0.88 from 0. 865.

For Mars, the optical mapping system and communication systems have

been developed for a nominal elliptic orbit with periapsis and apoapsis altitudes

of 1500 and 10, 000 kin, respectively. Therefore, the purpose of the analysis is

to determine the maximum orbiter scientific payload that can be placed in the

nominal planetocentric orbit with the final lander design weight of 1880 pounds.

In 1971, due to the increased payload capability a two-lander mission is

envisioned; a single lander mission in 1969 and 1973 is contemplated while a

lander-fly-by mission will be employed in 1975. The nominal periapsis

altitude has been increased from 1500 to 1700 km because a 3-sigma estimate
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TABLE 12 (Cont'd)

Planet Type

Venus I

Date

5/27175*

611167

6/1/75"

6/6/67)

616175*

I(6/11/67)

6/11/75"

[6/16/671

Time of

Plight

(days)

130

132

133

135

137

138"*

140

141

134

135

137

138

140"*

141

142

137

138

140.*

141

142

143

130

132

133"*

135

137

138

Departure Approach

Velocity Velocity

(km/sec) (km/sec)

3.2337 3.8985

3.2356 3.6958

3.2408 3.6038

3.2617 3.4405

3.3023 3.3091

3.3319 3.2576

3.4202 3.1931

3.4869 3.1869

3.0726 3.1273

3.0735 3.0681

3.0815 2.9698

3.0896 2.9308

3.1193 2.8756

3.1449 2.8609

3.1840 2.8580

2.8255 2.8840

2.7942 2.8876

2.7063 2.9470

2.6418 3.0298

2.5592 3.2118

2.5128 3.7258

2.8671 3.0247

2.8119 3.0282

2.7805 3.0501

2.7100 3.1534

2.6384 3.4013

2.6227 3.6431

Injected

Weight

(lbs)

7007

7005

7000

6980

6930

6900

6800

6710

7190

7188

7180

7170

7140

7110

7065

7445

7480

7560

7627

7700

7740

7400

746O

7490

7555

7630

7640

*These values were obtained from a comparison of the 1967-1975

Metonic cycle. The 1975 dates of launch indicate a (-5) day shift

when compared to 1967

_:=*Time of flight corresponding to the minimum of the sum of de-

parture and arrival velocities.

All

Lander

(lbs)

6348

6347

6342

6324

6279

6252

6161

6079

6514

6512

6505

6496

6469

6442

6401

6745

6777

6850

6910

6976

7013

6705

6759

6786

6845

6913

6922

Burnout Weight

All

Orbiter

(ibs)

1975

2024

2045

2077

2093

2095

2079

2053

2214

2226

2246

2251

2253

2247

2234

2348

2358

2369

2371

2350

2228

2302

2320

2324

2319

Z281

2221

Orbiter

2,000 Lander

(ibs)

1353

1386

1400

1420

1426

1425

1404

1377

1534

1542

1555

1558

1557

1550

1536

1652

1662

1678

1685

1676

1593

1615

1633

1639

1642

1621

1580

Propellant

Weight

(Ibs)

3654

3619

3600

3560

3504

3475

3296

3233

3656

3646

3625

3612

3583

3560

3529

3793

3818

3882

3942

4024

4147

3785

3827

3851

3913

4009

4060
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TABLE 13 (Cont'd)

Planet Type

Mar s I

Date

7122173

817173

8115173

8123/73

Time of

• Flight

(days)

194

196

198

200

202

204

208*

212

192

194

196

198

200

202

2O4

206

208

210"

212

214

216

196

198

200

202

204

208

212"

214

216

206

Z08

210

212.

216

Departure Approach

_Velocity Velocity

(kin/sec) (km/sec)

3.8751 3.1588

3.8757 3.1130

3.8791 3.0715

3.8852 3.0343

3.8944 3.0017

3.9067 2.9739

3.9421 2.9327

3.9940 2.9131

3.9111 2.8463

3.9114 2.8065

3.9131 2.7700

3.9162 2.7369

3.9206 2.7070

3.9265 2.6804

3.9339 2.6572

3.9430 2.6373

3.9537 2.6208

3.9663 2.6078

3.9808 2.5981

3.9974 2.5921

4.0163 2.5896

4.1807 2.6328

4.1815 2.6501

4.1832 2.5803

4.1858 Z. 5583

4.1939 2.5229

4.1995 2.5094

4.2142 2.4908

4.2235 2.4856

4.2342 2.4833

4.6081 2.4534

4.6080 2.4437

4.6087 2.4364

4.6100 2.4312

4.6150 2.4275

Injected

Weight

(ib)

6247

6246

6241

6234

6223

62O8

6164

6102

6202

6202

62OO

6197

6192

6185

6176

6164

6151

6136

6119

6098

6075

5868

5867

5865

5862

5862

5845

5827

5815

5801

5351

5351

5350

5348

5341

'::Time of flight corresponding to the minimum of the sum of

All

Lander

(ib)

5660

5659

5655

5648

5638

56g5

5585

5529

5619

5619

5617

5614

5610

5604

5595

5585

5573

5559

5544

5525

5504

5317

5316

5314

5311

5302

5296

5279

5296

5256

4848

4848

4847

4845

4839

departure

Burnout Weight

All

Orbiter

Ilb)

3274

3303

3328

3348

3363

3373

3376

3354

3452

3477

3499

3518

3535

3548

3557

3563

3566

3565

3561

3553

3541

3394

3410

3424

3435

3450

3454

3454

3450

3443

3192

3197

3200

3203

3200

Orbiter with

12000 pound Lander

(ib)

2117

2136

2151

2163

2170

2174

2167

2141

2223

2240

2253

2265

2274

2282

2285

2287

2286

2282

2276

2267

2254

2118

2127

2135

2142

2149

2149

2146

2140

2133

1875

1878

1880

1880

1877

Propellant

Weight

(Ib)

2130

2110

2090

2071

2053

2034

1997

1961

1979

1962

1947

1932

1917

1904

1890

1877

1865

1854

1842

1832

1821

1751

1740

1730

1721

1704

1696

1682

1675

1668

1476

1473

1470

1466

1464

and arrival velocities.
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of periapsis uncertainty from guidance considerations is approximately 200 kin.

This uncertainty is essentially an average of the uncertainties that may be

expected with and without onboard terminal guidance equipment.

In 1969 and 1975, Type II transfers to Mars are preferable to Type I since

a dogleg maneuver with significant payload losses is required to overcome the

launch azimuth constraint. In 1971 and 1973, a Type I is desirable due to the

increased payload capability and shorter flight time.

The summary of nominal velocity increments employed for this final payload

analysis for both Mars and Venus is given in table 15.

TABLE 15

SUMMARY OF NOMINAL VELOCITY INCREMENTS

FOR MARS-VENUS PAYLOAD ANALYSIS

Mars and Venus Direct Entry Venus Capsule Entry

(1) (1) SameMidcourse and time of arrival velocity

correction AVM= 0. 125 km/sec (3g)

(2) Lander ejection

(3) Orbiter slowdown AVsD = 0.052 km/sec

(4) Terminal correction AV T = 0. 030 km/sec (3a)

(5) Orbit establishment AV as required

(2) Not applicable

(3) Not applicable

(4) Same

(5) Same

The final payload in the desired planetocentric Martian orbit can be ex-

pressed by

WpL = Wi - Wp- Wps -

where

Wi

wp

W
ps

WL

WL

= weight injected into heliocentric transfer orbit

= propellant weight

= dry propulsion weight

= lander weight,

-86 -
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The propellant requirements exclusive of orbit trim maneuvers can be
expressed by

I (AVM+ AVsD+ AVT + A (AVsD+ AVT + AV)c c

Wp = Wi - e WL -e

where

WL = lander weight

AV M = midcourse velocity correction

AVsD = orbiter slowdown velocity requirement

AV T = terminal velocity correction

AV = orbit establishment velocity requirements,

and the weight of the dry propulsion system can be expressed in terms of the

propellant requirements by

Wps = Wp PMF

where PMF = propellant mass fraction.

During the four launch opportunities under investigation, the burnout weight

in the planetocentric orbit at the extremity of the best 30-day period varies from

a low of 1980 pounds in 1971 to a high of 2585 pounds in 1975. While the energy

requirements are most favorable for interplanetary flight to Mars in 1971, this

reduced payload results from the fact that a comparison is being made between

a two-lander mission in 1971 and a one-lander mission for the other launch op-

pot tunitie s.

These planetocentric burnout weights also include the dry propulsion weight.

This weight varies from a high of 403 pounds in 1969 to a low of Z19 pounds in

1971. If, in the interest of engine commonality, the engine size is based upon

1969 launch opportunity propellant requirements, a payload penalty of approxi-

mately 140 to 180 pounds exists for the remaining launch opportunities. This

penalty may be reduced slightly if smaller propellant tanks are incorporated

with the fixed engine size. This, in effect, results in a lower propellant mass

fraction than theoretically achievable if a propulsion system was designed for the

propellant requirement for each specific launch opportunity.

The pertinent trajectory, payload, and propulsion system characteristics

are summarized in table 16 for the Martian launch opportunities between 1969 and
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g:

1975. The variation in payload weight due to off-loading propellant in the ve-

hicle propulsion system can be assessed from this table. For example, the pro-

pulsion system for the 1969 opportunity is sized by the propellant requirement

(2957 pounds) for a 16 February launch. The propellant requirement for a 15

January launch is 2398 pounds to achieve the desired nominal planetocentric

orbit. Therefore, if the maximum amount of propellant were employed on this

date, the planetocentric payload weight would be reduced by 559 pounds.

The burnout weight for these opportunities is also presented in graphical

form in figures 31 through 34. Since there is a vertical translation from burnout

weight to payload weight depending upon the particular propulsion system selected,

these figures were utilized in determining the best 15-, 30-, and 45-day launch

periods for each launch opportunity. In 1969, the best 45-day launch period is

not presented since trajectory parameters were not available prior to 15 January

1969.

This optimum launch period information is summarized in table 17. Due

to the variations in the slopes on either side of the maximum weight, the maxi-

mum weight is not necessarily centered in the middle of the best window.

In order to assess the perturbations in planetocentric payload resulting

from variations in injected weight, propulsion system characteristics, and

lander weight, an error analysis was conducted for the 1969 launch opportunity.

These results (summarized in figures 35 and 36) indicate:

a. A 50-pound variation in orbiter payload for a 100-pound change in

lander weight

b. A 90-pound variation in orbiter payload for a 5 percent change in

specific impulse

c. A 325-pound variation in orbiter payload for a 10 percent variation

in the weight injected into the heliocentric transfer orbit

d. A 9 percent variation in the propulsion system weight for a 1 per-

cent change in the propellant mass fraction.

In designing a common engine for all Martian launch opportunities, a 403-

pound engine results in the previous mentioned penalties for the other three

opportunities. The penalties in the 1971, 1973, and 1975 launch opportunities

can be minimized if an engine size of 260 pounds is selected. This approach

results in a sizable payload penalty for only the 1969 opportunity. In an attempt

to determine this penalty, the maximum weight placed in the desired planetocentric

orbit was computed. Since the maximum amount of onboard propellant is fixed

by the propulsion system size, the weight injected into the heliocentric transfer

orbit such that the desired planetocentric orbit is achieved is obtained by

-89-
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I (AVsD + AVT + AV) 1¢

Wp + WL 1 - e

Wi = r (AVM + AVsD + AVT + AV) l

k -- C "J1-e

and the final payload computed by

WpL = Wi - Wp - Wps - WL

However, since the vehicle is light at launch, the departure and arrival

velocities associated with the minimum sum are not so efficient as employing

the departure velocity corresponding to the minimum approach velocity. The

penalty associated with the 260-pound propulsion system for the 1969 opportunity

is presented in table 18. This penalty is difficult to assess for the given launch

window due to the resulting shift in the window when the vehicle is light at launch;

however, it appears to be on the order of 400 pounds.

This present Martian payload analysis has been conducted for a split-capsule

orbiter]Lander vehicle. Since it is desirous to achieve the same probability of

success for two landers and two"orbiters, it was found necessary to switch from

an orbiter/lander in 1975 to a fly-by bus/two-lander configuration. With this

new configuration, the bus weights, propellant, and propulsion system require-

ments are presented in table 19.

TABLE 19

MARTIAN BUS WEIGHTS FOR TWO-LANDER CONFIGURATION

Launch

Date

819175
8122175
911175
918175
9115175
9122175

1018175

Trajectory

Type

II

Injected

Weight (lb)

5254

6O3O

6265

6408

6453

6417

5965

Propellant

Weight (ib)

222

264

276

284

287

284

260

Propulsion

System

Weight (lb)

3O

36

38

39

39

39

35

Bus

Payload (ib)

1242

1970

2191

2325

2367

2334

1910
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At the extremity of the best 30-day launch period (2 September to 2 October),

the payload is 2210 pounds and increases to 2370 pounds in the middle of the

window. These payloads will be reduced if it is desirous to achieve minimum

approach velocities to maximize the fly-by dwell time in the vicinity of the

planet. In this analysis, the same midcourse, time of arrival, and bus slowdown

velocity requirements previously employed were used.

Z. Venus. Since it is presently envisioned that three 200-pound vehicles

(85-pound nonsurvivable landers) will be ejected after the establishment of a

planetocentric orbit, this mission, in essence, is an all-orbiter mission. The

previous daily maximization payload analysis for Venus indicated that the all-

orbiter mission varied from a low of approximately 550 pounds in 1964 (1972)

to a high of 1150 pounds in 1967 (1975) for a circular orbit with a 1000-km alti-

tude. This low-payload capability dictated the selection of an elliptic orbit to

realize substantial payload improvements. Where a prime objective of this

program is radar mapping of the planet surface, the periapsis altitude was

fixed at 1000 km and a nominal apoapsis altitude of 10,000km selected. With

this nominal orbit, an initial analysis was conducted to determine the payload

at the extremity of the best 30-day window within each launch opportunity. The

same equations employed in the Martian analysis are applicable with the ex-

ception that the lander weight and orbiter slowdown requirements are zero.

The weight at the extremity of the best 30-day window in that opportunity yielding

minimum payloads (1972) can be utilized in sizing the orbiter vehicle. In select-

ing the minimum orbiter payload, allowance must be made for the additional

600 pounds of lander weight. Due to launch azimuth constraints and injection

energy requirements, it appears that Type I transfers are preferable in 1968-

69, 1970, and 1975 with Type II transfers being employed in 1972 and 1973.

The results of this fixed orbit analysis indicate that the payload at the extremities

of the best 30-day launch period varies from a low of approximately 2000 pounds

in 1970 to a high of 2750 in 1975 when a common propulsion system weight of

630 pounds, required in 1972, is employed for all opportunities. Therefore,

exclusive of the 600-pound lander weight, the orbital payload varies between

1400 and 2150 pounds. The results of this analysis are presented in table 20.

Whereas, for Mars, the requirement was to maximize the weight in a given

planetocentric orbit, the requirement for Venus is to obtain the minimum energy

(minimum semimajor axis) planetocentric orbit for a fixed payload and propulsion

system weight. The weight of the reference orbiter was selected as 1300 pounds

yielding a desired burnout weight in orbit of 1900 pounds. To achieve propulsion

system commonality, the fixed propulsion system employed in this analysis was

sized for the 1972 launch opportunity requirements, i.e., 630-pound dry pro-

pulsion system with the capability of carrying 4620 pounds of propellant. There-

fore, the maximum weight to be placed in the heliocentric transfer orbit is 7150

pounds. If, due to departure energy requirements, this weight is greater than

the largest injection weight possible for the desired departure velocity, pro-

pellant is removed. However, if this weight is less than the maximum allowable

injected weight the fixed weight of 7150 pounds is employed. While the current

departure and arrival velocities employed are those corresponding to the minimum
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sum, additional benefits can be realized when the vehicle is light by increasing

the departure velocity up to the point of obtaining minimum arrival velocity.

At each step in the calculation, the propellant and vehicle weight are computed

for each velocity correction by

and

Wf = Wo e

AV

C

Wp = Wo (1-e --_)

where

W o = weight before each velocity correction

Wp = propellant requirement to obtain required velocity correction.

At periapsis of the approach hyperbola, the maximum velocity decrement

that can be applied is a function of the remaining propellant as the final burnout

weight is fixed. This velocity decrement can be expressed by

WpL + Wp + WL + Wps
AV = c In °

WpL + WL + Wps

The relationship between the applied velocity decrement and planetocentric

periapsis velocity is a function of the velocity at periapsis along the approach

hyperbola, expressed by

AV = VpH - VpE

where

VpH = V2 + rp

Hence, the periapsis velocity

_/ra 2/_VpE = rp r a + rp
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o

is determined and the corresponding apoapsis altitude is obtained by

E
ha = 9 - re

2
/L- V_E rp

where

re = planet radius.

Since the reference orbiter design is 1300 pounds, 100 pounds below the

minimum payload in the nominal orbit, this guarantees that the apoapsis altitude

at the extremity of the best 30-day window will be less than i0,000 km when the

630-pound propulsion system is employed. The results of this varying orbit

analysis are presented in table 21. While the optimization has not been performed

when the launch vehicle is light, it appears that the apoapsis altitudes vary from

a low of ii00 to 3800 km in 1967 (1975) to a high of 6400 to 8000 km in 1970.

Up to this point, propulsion system commonality has been implied for each

target planet. While propulsion system commonality appears to yield larger

penalties for Mars than Venus due to the different methods employed, an additional

analysis was conducted for Venus with a 460-pound propulsion system. This

propulsion system is slightly larger than that required for the heaviest Mars

mission due to the variation in propulsion system weight with off-nominal pro-

pulsion system characteristics. The payload penalty for Mars can be obtained

by employing the burnout weights presented in table 16 with this propulsion

system.

However, the Venusian penalty is much harder to assess since the helio-

centric injected -weight is now only 6070 pounds. Except for a few days at the

extremes of the launch opportunities the launch weight is less than the maximum

possible and there is a sizable shift in the optimum launch period. A comparison

of the apoapsis altitudes for the 460-and 630-pound propulsion systems for

Venus missions is presented in table 22.

When less than the maximum weight is injected into orbit, the minimum

apoapsis altitude moves to the direction of minimum approach velocity for that

launch opportunity.

Previously, it has been assumed that three 200-pound vehicles would be

ejected after the establishment of the best planetocentric orbit. However, the

Venusian mission evolution program indicates it may be desirous to employ a

direct lander (1340 pounds) for the last two launch opportunities--1973 Type II

and 1975 Type I. To determine the minimum apoapsis altitudes for these mis-

sions and the penalties associated with propulsion system commonality, an

analysis was performed for both the 460-pound and 630-pound propulsion systems.

The sequence of events for these missions is identical with those for the Martian
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missions summarized in table 15. With a 1300-pound orbiter payload, the

maximum apoapsis altitude at the extremity of the best 30-day window is ap-

proximately 2000 krn for both launch opportunities when the 630-pound propulsion

system is employed. The corresponding apoapsis altitudes in 1973 and 1975

for the 460-pound propulsion system are 3500 and 1550 kin, respectively.

Whereas the 460-pound engine yields the lower altitude at the extremity of the

1975 launch window, the 630-pound engine yields the minimum altitude during

the middle of the window. If the injected weight is the same for both vehicles,

as it is for 6 July 1967, the weight along the approach hyperbola is identical,

and therefore a larger orbit establishment velocity decrement can be achieved

with the smaller engine due to the fact that the corresponding burnout weight

is less and hence a lower apoapsis altitude achieved. From this analysis, it

is apparent that there is an optimum engine size between these two extremes.

These results are presented in table 23.

In conclusion, a direct comparison of the final mission parameters (payload

in a fixed orbit for Mars and apoapsis altitude for Venus) is, in a sense, meaning-

less for the launch opportunities under consideration due to the variety of missions

considered in the evolution of the Voyager Program - orbiter/direct lander,

bus/direct lander, orbiter/atmospheric probe. However, for illustrative pur-

poses only, the orbiter/bus payloads for the Martian phase of this study are

presented in table 24 for the launch opportunities between 1969 and 1975, and the

minimum apoapsis altitudes achievable for Venusian missions are presented in

table 25. In both tables, these data are for the extremity of the best 30-day

window in each launch opportunity for the respective missions. The penalties

associated with engine commonality to perform the above mentioned missions

are presented in table Z6. For each planet, two engine sizes were examined

to perform the intended mission with commonality between the heavy engine

for Mars and the light engine for Venus. After finalization of the mission evolu-

tion program, a program can be initiated to determine the optimum engine size

with associated propellant weights to maximize the desired mission parameters.

With the propulsion system and reference payload sized, the final desired para-

meters can be optimized and the best 30-day window in each launch opportunity

selected. Further improvement may then be obtained by such techniques as off-

loading propellent techniques, varying departure and arrival velocities, etc.

In the present analysis, the only semi-optimizat%on study conducted was to

determine the departure and arrival velocities to daily maximize the planetocentric

orbital payload when the maximum weight was injected into the heliocentric trans-

fer orbit. These payload weights and apoapsis altitudes may be slightly optimistic

since velocity decrements were applied impulsively.
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TABLE 21

MINIMUM APOAPSIS ALTITUDE FOR FIXED VENUSIAN PAYLOAD

630-Pound Propulsion System

O_

,-4

O_
,-4

o

o _

¢q

* Trajectory Time of Departure Injected Arrival

Date Type Flight Velocity Weight Velocity

(days) (kin/sec) (lb) km/sec)

12/14168 1 150 3. 393 6826 4. 045

12130/68 I 138 Z.927 7150 4.497

I 132 2.811 71501/7/69

1113169

1/19/69

126

122

2. 779

2. 830

1127/69 I 116 3.044

2112169 I 104 4.034

140

130

7120170

8/5/70

3. 384

3. 081

7150

7150

7150

6052

6836

7150

4. 539

4. 528

4. 494

4. 428

4. 273

5.740

5. 522

Drbit Est. Apoapsis

Vel. Dec. Altitude

(km/sec) (km)

3. 027 4156.

3. 176 4414.

3. 176 4545.

3. 176

3. 176

3. 176

2.642

3.032

3. 176

4510.

44O6.

4205.

8398.

8834.

8/13/70 I 124 2.983 7150 5.364 3.176 7940.

8/19/70 I lZO 2.981 7150 5.217 3.176 7191.

1 116 3.047 7150 5.054 3.176 6448.8/25/70

9/4/7o i 11o 3.359 6865 4.753

I lOO 4.181 5868 4.398

II

9118170

186 3. 574

3, 184

z,938

Z. 903

II 180

II 172

164

311164

II

3/15/64

3/29/64

4/13164

10116165

4/30164 II 154 3.308

II 174 3.151

6615

7065

7150

7150

4. 631

4,900

5,115

5.353

3.046 6378.

2.543 10,342.

2. 927

3. 138

3, 176

3. 176

10131/65 164

158

154

II

II

6990

6149

6718

7892

6925 5.667 3.074 Ii, 176

4. 385

4. 276

4. 216

4.143

4. 091

IX

II

1118165

2.796

2. 706

2. 729

2. 853

3. O68

7105

7150

7150

7150

3. 156 4222.

3.176 3777.

3.176 3618.

3. 176

3. 176

II

11115165

11122/65

11/28/65

148

142

7150

7150 4.097 3. 176

3431.

3268.

3220.
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TABLE 21 (Concl'd)

Cr,

Date *

5127167

611167

Trajectory

Type

Time of

Flight

(days }

138

5-day shiJ

138

De par tur e

Velocity

{km/sec)

3. 537

3. 332

Injected

Weight

(lb)

6655

69OO

Arrival

Velocity

(km/sec)

3. 706

3.258

Orbit Est.

Vel. Dec.

(km/sec)

2.946

3.062

Apoapsis
Altitude

(km)

3838.

2240.

6/6/67 I 140 3.119 7140 2.876 3.172 1148.

6/11/67 I i40 2.706 7150 2.947 3.176 1220.

6/16/67 I 133 2.781 7150 3.050 3.176 1361.

6/21/67 I 128 2.922 7150 3.185 3.176 1508.

6/26/67 I 122 3.194 7055 3.275 3.133 1905.

Traje,:tory analysis for 1964-1970 pericd pertinent to 1972-1978 period _Lthat

most in the window.
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TABLE 22

MINIMUM-ENERGY VENUSIAN ORBIT WITH FIXED PAYLOAD AND PROPULSION SYSTEM WEIGHTS

Launch

Date

12/14/68

12/30/68

I/7/69

1/13/69

1/19/69

1/27/69

2/12/69

7/20/70

8/5/70

8/13/70

8/19/70

8/25/70

9/4/70

9/18/70

3/I/64 I

3/15/64

3/29/64 i

4/13/64

4/30/64

I0/16/65 I

10/31/65

11/8/65

11/i5/65

11122165

11/28/65

5/27/67 }6/I/67

6/6/67

6/II/67

6/16/67

6/21/67 )6/26/67

1972

1973

1975

Time

of Flight

(days)

150

138

132

126

122

116

104

140

130

124

120

116

II0

I00

186

180

172

164

154

174

164

158

154

148

142

138

138

140

140

133

128

122

Departure

Velocity

(km/sec)

3. 393

2.927

2.811

2.779

2.830

3.044

4.034

3.384

3.081

2.983

2.981

3.047

3. 359

4.181

3.574

3.184

2.938

2.903

3.308

Approach

Velocity

(km/sec)

4.045

4.497

4.539

4.528

4.494

4. 28

4. 273

5.740

5.522

5. 364

5. 217

5.054

4.753

4. 398

4.631

4. 900

5.115

5. 353

5.667

Injected

Weight (Ib)

3.151

2.796

2.706

2.729

2.853

3.068

4.385

4. 276

4. 216

4. 143

4.091

4.057

Dry Propulsion System Weight

460 pounds 630 pounds

Apoapsis

Altitude (km)

Injected

Weight (lb)

6826

7150

7150

7150

7150

7150

6052

6836

7150

7150

7150

7150

6865

5868

6615

7065

7150

7150

6925

7105

7150

7150

7150

7150

7150

6655

6900

7140

7150

7150

7150

7055

3.537

3.332

3.119

2.706

2.781

2.922

3.194

3.706

3. 258

2.876

2.947

3.050

3.185

3. 275

6070 5299

6070 6936

6070 7114

6070 7O67

6O70 6926

6O70 6655

6052 6205

6070 15365

6O70 13219

6070 I1902

6070 10816

6070 9757

6070 8101

5868 7611

6070 7522

6070 8865

6070 10140

6070 11814

6O70 14596

6070 6488

6070 6078

6070 5865

607O 5617

6070 5445

6070 5337

6070 4331

6070 3243

6070 2622

6070 2740

6070 2918

6070 3107

6070 3346

* Trajectory analysis for 1964-1970 period pertinent to 1972-1978 period with at most a 5-day

in the window.

Payload consists of a 1300-pound orbiter

exclusive of dry propulsion system, plus

three 200-pound landers carried into orbit.

NOTE:

Apoapsis

Altitude {km)

4156

4414

4545

4510

4406

4205

8398

12417

8834

7940

7191

6448

6378

10342

6990

6149

6718

7892

11176

4222

3777

3618

3431

3268

3220

3838

2240

1148

1220

1361

1508

1905

shift

-i05-



<

<
0

<

Z

5
m

z

_L6I gL61

-106-



Date

1969

1971

1973

TABLE 24

MARTIAN PAYLOADS AT EXTREMITY OF BEST 30-DAY LAUNCH PERIOD*

1975

Configuration

O/L

O/2L

O/L

B/ZL

Trajectory

Type

II

Minimum

Injected

Weight

(pound)

660O

Propellant

Weight

(pound)

2652

Dry

Propuls ion i

Weight

(pound)

403

II

7270

5730

6O70

1530

1500

287

219

25O

39

Minimum

Orbiter- Bus

Weight

(pound)

1907

1761

2120

2210

*1880-ib Direct Entry Lander

1700 km Periapsis Altitude

l0,000 km Apoapsis Altitude

TABLE 25

MAXIMUM APOAPSIS ALTITUDE AT EXTREMITY OF

30-DAY LAUNCH PERIOD FOR VENUS;:-"

Date 1
1970

1972

1973

1975

Configuration

O/3L

O/3L

O/L

O/L

Trajectory

Type

I

II

II

I

Minimum

Injected

W e ight

(pound)

6450

6700

7250

6850

Maximum

Apoaps is

Altitude

(km)

8100

69OO

2150

2000

*1300-1b Orbiter Weight

630-1b Dry Propulsion Weight

3 200-1b Orbital Entry Landers

1340-1b Direct Entry Lander

1000 km Periapsis Altitude
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Planet

Mars

Mars

Mars

Planet

Venus

Venus

Venus

Venus

TABLE 26

COMMON PROPULSION SYSTEM

PENALTY -- 30-DAY WINDOW

Date

1969

1971

1973

Date

1970

1972

1973

1975

Orbiter-Bus Weight (pound)

260- pound

Engine

1300

1760

2190

460-pound

Engine

1850

1560

1990

Orbiter Apoapsis

460-pound

Engine

Altitude (km)

63G-pound

Engine

8500

890O

3300

1700

8100

6900

2150

2000
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5. TRAJECTORY ANALYSES

5.1 Planetary Approach Geometry

The approach geometry parameters, three components of the approach ve-

locity, or a velocity magnitude with two reference directions may place con-

straints on the heliocentric transfer trajectories. For a fly-by mission with or

without a lander, the minimum approach velocity may be desired to maximize

the probe dwell time in the vicinity of the planet. For other missions, where

lighting conditions at encounter are important, the direction of the approach ve-

locity may limit the number of acceptable interplanetary trajectories. For the

present preliminary design study, the approach geometry parameters have not

been employed to place constraints on the allowable interplanetary trajectories.

The magnitude of the approach velocity vector, the difference between the

vehicle and planet velocity vectors with respect to the sun at the point the ve-

hicle intersects the planet's orbital path, is employed in determining the ve-

locity at periapsis of the approach hyperbola. This in turn allows for the com-

putation of the velocity decrement to achieve a given planetocentric orbit or for

a given velocity decrement to determine the minimum apoapsis altitude. The

hyperbolic approach velocity vector is related to the velocity at periapsis by

2_
-- v_ +

VHp rp

where

rp = periapsis radius

= gravitational parameter of planet.

For the launch opportunities under consideration, the approach velocity

vector for Mars varies between 2.4 and 4.3 km/sec and for Venus between 2.9

and 5. 7 km/sec. These approach velocity magnitudes are those associated with

the minimum of the sumofthe departure and arrival velocities. A comparison

of these approach velocities with those associated with the minimum departure

velocities is presented in figures 37 through 45. In general, for both Mars and

Venus, the minimum approach velocities are associated with Type I class II

and Type II class I interplanetary transfer trajectories.

A second important approach parameter, the angle between the approach

asymptote and the planet-sun line Cp is essentially the sun-vehicle-planet angle

several clays prior to encounter. Since the heliocentric speed of the vehicle is

greater than that of Venus, the vehicle is essentially overtaking the planet and
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is therefore approaching from the trailing edge. For Type I trajectories, the

vehicle is approaching from the dark side. In general, _p varies between 30

and 90 degrees for Type I trajectories. However, portions of the Venus 1967

launch opportunity contradict this rule with the angle increasing to 100 degrees,

which implies the probe is approaching from the sunlit side. This, in turn,

implies that the vehicle has passed perihelion in the transfer orbit. The opposite

situation arises for Type II trajectories with the vehicle generally approaching

Venus from the sunlit side. Here _p varies between 100 and 175 degrees except

in 1969where the angle decreases to 60 degrees, and the vehicle approaches

the planet from the dark side.

For Martian approaches the heliocentric speed of the vehicle is less than

that of the planet and the vehicle is essentially being overtaken by the planet.

Therefore, approaches occur along the leading edge of Mars. For Type I tra-

jectories, _p varies between 60 and 150 degrees with the approach, in general,

in the sunlit region. For Type II trajectories _p is less than 90 degrees for the

1969 and 1971 launch opportunities with the vehicle approaching the planet from

the dark side.

The third important parameter is the angle between the approach asymptote

and the planet's orbit plane _YI_" This angle is zero only if the heliocentric trans-
fer plane and the planet's orbital plane are coplanar. Negative angles indicate

the vehicle is approaching above the planet's orbital plane. The importance of

this parameter is that it defines the minimum planetocentric orbital inclination

with respect to the orbital plane of the planet. In other words, if yp is 0 degrees,

inclinations between 0 and 180 degrees are achievable; if y is 45 degrees, the
P

resulting inclination may vary between 45 and 135 degrees; and if y_ is 90 degrees,
P

only orbits normal to the orbital plane of the planet are achievable. If the in-

clination is less than 90 degrees, the vehicle is travelling in the same direction

as the planet rotation.

For Mars, the orientation of the North Pole vector is essentially fixed in

inertial space and the minimum orbital inclination with respect to the Martian

equator can be obtained by

imi n = sin -1 [1Np 1Voo ] .

These angles are presented in table 27 for the four Martian launch oppor-

tunities under investigation.

The approach geometry angles presented in figures 46 through 54 apply to

the minimum departure velocity case. However, as the minimum of the sum

of the departure and arrival velocities occurs generally within ± 10 days of the

minimum departure velocity, the angles are representative of those to be en-

countered for the Voyager program. It is to be noted that the angle between the

approach asymptote and the planet-sun line moves in the direction normal to the

sun-line as the approach velocity is reduced.
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TABLE 27

MINIMUM ORBITAL INCLINATION

Launch Time of Arrival Minimum Orbital

Planet Type Date Flight Date Inclination

Mars II 8/21/75 358 7/24/76 33 degrees - 24 minutes

8/31/75 344 8/ 9/76 32 degrees - 24 minutes

9/10/75 351 8/27/76 25 degrees - 40 minutes

9/20/75 358 9/13/76 20 degrees - 39 minutes

9/30/75 365 2/29/76 19 degrees - 25 minutes

Mars I

Mar s I

Mar s II

7/16/73 203 2/ 4/74 7 degrees - 38 minutes

7/26/73 204 2/15/74 6 degrees - 40 minutes

8/ 5/73 206 2/27/74 6 degrees - 49 minutes

8/15/73 208 3/ii/74 5 degrees - 19 minutes

8/25/73 214 3/27/74 3 degrees - 34 minutes

5/ 4/71 gO8 11/Z8/71 19 degrees - Z9 minutes

5/14/71 Z09 12/ 9/71 11 degrees - 51 minutes

5/24/71 206 12 16/71 7 degrees - 25 minutes

6/ 3/71 200 12 20/71 5 degrees- 4 minutes

6/13/71 202 i 1/72 Z degrees - 18 minutes

1/15/69 272 i0

1/30/69 274 I0

2/14/69 278 Ii

2/24/69 281 12

14/69 28 degrees - 39 minutes

31/69 31 degrees - 38 minutes

19/69 32 degrees - 59 minutes

2/69 32 degrees - 04 minutes
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5. 2 Look Angle

A spacecraft designed for interplanetary missions contains many sensors --

solar panels, planet and star trackers, communication antennas, etc. -- that

must remain oriented to the desired target for the duration of the interplanetary

flight except for possible short durations during thrusting periods. To deter-

mine the optimum location, degrees of freedom and gimballing requirements

for each instrument, and to ensure satisfactory operation throughout the mis-

sion, it is necessary to determine the look angle requirements for each sensor.

In this analysis, it was assumed that the sun, Earth, target planet, and two

stars, Canopus and Vega, were the bodies of interest. A vehicle-centered co-

ordinate system is established where one axis e5 is the vehicle-sun line, the

second axis e2 is normal to the vehicle-sun-Canopus plane, and the third axis

el is in the vehicle-sun-Canopus plane normal to the vehicle-sun line. Ex-

pre s sed mathematically,

e 3 -- I vs

e 2 = e 3 x lvc

e I = e 2 × e 3 •

In this vehicle-centered coordinate system (which rotates as a function of

time), the direction cosines or cone-clock angles (see figure 55) to the desired

target can be obtained as a function of time for a specified launch date. For

three separate segments of the mission, interplanetary, hyperbolic approach,

and planetocentric, programs were developed to obtain the above mentioned

angles.

i. Interplanetary transfer. For this segment of the problem, the basic

parameters of the transfer ellipse (with respect to the sun) were obtained from

the previously mentioned two-body program where launch date and time of flight

from a massless departure planet to a massless approach planet are the re-

quired inputs. Knowing the semimajor axis a, eccentricity e, radius re , and

radial velocity Vr, the true anomaly f,at departure Td, can be obtained from

cos (f(TD)) = _ .a___
e r e (TD)

and

%/a (1 - e 2)

sin (f (TD)) = eves Vr
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a

where

_s = the gravitational parameter of sun.

The eccentric anomaly E d,at departure is related to the true anomaly by

tan
Ed -_ ¢ 1 - e tan f (TD)2 1 + e 2

The time of perihelion passage can now be calculated from

1

r = T D + _ [e sin E d - E d]
n

where n, the mean orbital motion, is defined by

The inclination of the transfer orbit with respect to a heliocentric equa-

torial system can be obtained from

i = cos-1 e
sin 0D

where

i R = unit vector of Earth at departure

i
-p

= unit vector of target planet at arrival

= heliocentric transfer angle

e z = North Pole vector.

A coordinate system with respect to the orbital plane is established where

e n is normal to the orbital plane, eN in the direction of the ascending node of

the transfer orbit with respect to the heliocentric equatorial system, and e N ,

chosen to form a right-hand system is computed by

_iR x ip

en sin OD

e z x e n

e N -
sin i

e N , = e n x e N .

-131 -



SUN-PROBE-TARGET

TARGET

SUN

CONE

ANGLE

PR OBE

t • 2

N-PROBE-CANOPUS
PLANE

ANGLE /

/
/

/

/
I

63 - 8942

Figure55

TO
CANOPUS

VEHICLE CENTEREDCOORDINATE SYSTEM

-137--

m



m

o

The argument of perihelion w, is obtained from

cos [w + f (TD)] -- i R • e N

sin [w+ f(TD)] = (eN x iR) " en •

For any value of time after T D, the eccentric anomaly is computed

E - e sin E -- n (t-r)

by iteration where an initial estimate E o is calculated from

1 ....I e 4 sin M + I e
Eo=M+2 e -_ e + 142 2 3

sin 2 M +...

where

M =n (t-r)

The true anomaly is obtained and hence the radius vector can be determined by

r(t) = [rsvl
a (1 - e 2)

1 + e cos f

A unit sun vehicle vector is obtained with respect to the orbital plane co-

ordinates system from

_lsv =-lvs = e N cos [w+ f(t)] + e N, sin [w + f(t)] .

The direction cosines and cone-clock angle for the desired reference

bodies can now be obtained. The direction cosines for the reference body,

represented by the unit vector evt , are

XVVT = e I • evt

YVVT = e 2 evt

ZVVT
= e 3 • evt

dr
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and the corresponding cone and clock angles are

(Cone Angle)T = cos-1 (e 3 . evt)

(Clock Angle)T = tan -1
e 2 • evt

e I • evt

At the specified time of arrival Tern , defined as the intersection of the

transfer plane and the planet's orbital path, the vehicle velocity vector is com-

puted by

_s= "-- le N [-e sin w - sin (w + f (T D + Tern) )]
V-sv a (1 - e 2)

+ e N, [ecos w + cos (w + f (T D +Tern) )]1 .

The planet velocity vector is obtained from ephemeris data and hence the

relative velocity of the vehicle with respect to the planet is

Vpv = _Vsv - Vsp

If ez; is the unit North Pole vector of the planet in the heliocentric

equatorial coordinate system, the minimum orbital inclination with respect

to the planetary equator is

imi n = sin -1 [1Vp v. ez'] •

This minimum orbital inclination is used to determine the range of

feasible inclinations for the approach and planetocentric phases of this problem.

Occultation of the Earth by the moon can occur when

rvrn
< I

r
ve

and

Rvm sin [cos -1 (!Rv m • _lRve) ] < R m .

In this segment of the program, the vehicle distances with respect to the

Earth, target planet, and sun, in addition to the Earth and target planet dis-

tances from the sun, are obtained as auxiliary outputs.

-134-



2. Hyperbolic approach phase. In this phase of the program, it is as-

sumed that the vehicle velocity vector with respect to the target planet at time

of arrival Tern is approximately the same as the relative velocity vector at the

planet sphere of influence where the hyperbolic phase is initiated.

A conversion from the heliocentric equatorial coordinate system (e x, ey ,

e z) to a planetary equatorial coordinate system (ex',ey,, ez, ) is performed,

e z × e z •

exP

lezXez,I

ey, = e z, x e x,

where

e z, = North Pole vector (see Figure 56).

The angle _ between the heliocentric andplanetocentric x axes is

cos _ = e x • e X,

and

sin_ = ez • (e.×e x,) •

The unit vector in the direction of the hyperbolic velocity vector is

Vo_
m

eap -

and, the angle between the North Pole vector and the approach velocity vector

flap is

_ap = c°s-1 [ez" " eap] "

An auxiliary coordinate system is set up which is employed to establish

the coordinate system with two axes in the plane of the approach hyperbola

eap = eap

eap x e z,

J_l - l eap×ez'l

__2 = J l x eap
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and

= F c°si 7

¢ c°s-1 L_]

where i > flapNdesired orbital inclination.

With just the approach velocity vector and desired inclination specified,

there are two possible orientations of the hyperbolic plane . (This reduces to

one when the minimum inclination is selected. ) This can be visualized by as-

suming a cone with half angle i is generated about the North Pole vector, If

the minimum inclination angle is selected, the normal approach to the velocity

vector is tangent to the cone. However, if a greater inclination is selected,

the normal to the approach velocity vector intersects this cone in two locations.

These two normal vectors are computed

enl =-L1 sin_ + j2c°s¢

and

en 2 = _Jl sin_ + _J2 cos_ .

The remaining vectors required to establish a coordinate system in each

hyperbolic plane are

e z * X ell

eN sin i

and

e N , = e n × e N

where both enl and en2 are employed,

The angle between the planetocentric x-axis and the ascending node f_ of

the approach hyperbola is

cos Q = e N • e x,

and

sin fl = ez,. (e x, x e N) .
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and

The angle between the approach velocity vector and the nodal line co is

cos co = eap • e N

m

sin co = e n • (e N x eap) .

The angle between the approach velocity vector and the periapsis radius

vector 0 is (see figure 57)

0 = cos -1

Rp V2
1 +

whe r e /Zp

Rp = periapsis radius vector

/Zp = gravitational parameter of planet.

The argument of perigee co can now be determined by

co = 03 -- 0

or

co = co + _ .

These two values of co are obtained since there is the option of passing on

either side of the planet and approaching perigee along the ascending or descend-

ing segment of the hyperbola.

The orbital parameters of the hyperbola can be computed:

a -

Rp
e = 1 + _

a

p = a (e 2 - i)

fo_ c°s-1

[ ro*e .J
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Q

Eoo
= sinh -I

1 + e cos fo_

r = T a + l e sinh Eoo - E_I •

where

T = time from launch to ro_
a

The initial value of the vehicle-planet position vector epv is

epv =- evp = e Ncos(co + f_) + e N,sin(c0+fo_) •

The positions of Earth, planet, Canopus, and Vega are obtained from the

ephemeris data and the direction cosines and cone-clock angle determined as

before at specified increments of time. In this segment of the problem oc-

cultation of Earth, sun, Canopus, and Vega by the planet must be determined.

3. Planetocentric phase. At periapsis of the approach hyperbola, there

is an instantaneous change to an elliptic orbit with the same inclination, and

the apoapsis and periapsis of the desired planetocentric orbit are specified

where the orbital elements may be computed as

ra + rp
a

2

r a -- rp

e --

ra + rp

p = a(1-e 2) .

The time of perigee passage is specified and the eccentric anomaly, true

anomaly, and vehicle-planet radius vector computed. The program now pro-

ceeds to compute the desired angles and occultation parameters as a function

of time.
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For the Mars 1969 launch opportunity, the direction cosines to Earth,

Mars, Canopus, and Vega during the interplanetary portion of the transfer are

presented as a function of time in tables 28 through 31 for four representative

launch dates. The corresponding vehicle-Earth, vehicle-sun, and vehicle-

Mars distances are presented in table 32.

During the approach phase, the cone-clock angle to Earth, Canopus, and

Vega are relatively constant for the specified launch window. For a repre-

sentative departure date (30 January 1969), these angles, in addition to the

cone-clock angles for Mars, are presented in table 33. The variation in the

vehicle-Mars angles are presented for four representative departure dates

in table 34.

During the orbital phase, the vehicle cone-clock angles and periods of

occultation of the Earth, sun, Vega, and Canopus by Mars are presented for

typical orbits during the 1st and 180th days of the mission in tables 35 and

36, respectively. The variation in the Earth cone-clock angles as a function

of time in orbit is illustrated in table 37.

5. 3 Planetary Aspects of Communication

1. Communication limitation. In this section, communication limitations

are defined as those limitations imposed by the motion of the planets in orbit

about the sun. The vehicle-Earth communication distance during the inter-

planetary transfer is a function of the transfer trajectory. After encounter,

the communication distance is purely a function of the planet and Earth posi-

tions in the respective orbits about the sun, and is determined by

= _ )2 + Rysp)2 + Rzsp)2Rep _/(Rxse Rxsp (Ryse - (Rzs e -

O"

where

Rep

Rse

= Earth planet distance

= Earth sun distance

R = sun planet distance
sp

The respective planet distances from the sun are obtained from ephemeris

data. In general the Earth-Mars distance varies from a low of 60 million km

(usually a few months after departure) to a high of 400 million km (usually
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occuring 6 to 8 months after encounter). For Venus these corresponding dis-

tances vary between a low of 40 million km and a high of 260 million kin.

These distances, as a function of time between 1968 and 1979, are presented
in figures 58 through 60.

Communication problems arise because of solar noise which affects re-

ception when the planet, Earth, and sun lie nearly in a straight line. Thus
when the Earth and planet are on the same side of the sun,communication,

though possible from the outer planet to the inner, is not possible from the in-

ner to the outer. This situation corresponds to the minimum Earth-planet

distance and is of academic interest only since this generally occurs during

the middle of the transfer trajectory. However, when the Earth and planet

are on opposite sides of the sun, corresponding to maximum Earth-planet

distance, communication either way is impossible. The angle subtended at

Earth by the Earth-sun line and the Earth-planet line a, and the angle sub-

tended at the planet by the planet-Earth line and the planet-sun line _, are

useful in examining this situation. The angles may be computed by

---- COS -1

o Res ReptIResllRepl

and

For Mars, these angles are presented in figures 61 through 63 for the

period from 1968 to 1979. The angle subtended at Mars varies between 0 and

45 degrees, whereas, the Earth subtended angle varies between 0 and 180 de-

grees. The critical period occurs when the angles are simultaneously suf-

ficiently close to zero. (These angles can never be identically zero unless,

at the time of maximum communication, Mars is in the plane of the elliptic. )

The above mentioned data indicate that there are periods of 50 to 100 days

when two-way (command or reception) communication is not possible. This

may place restrictions on transfer flight time and mission lifetime after en-

counter, especially when Type II transfers are employed. For example, in

the 1975 Type II trajectories, with a time of flight approximately 400 days,

transmission will be interrupted for 50 days beginning about 60 days after
encounter.

For Venus, the relative magnitudes of a and/5 are interchanged with a
varying between 0 and 45 degrees and flbetween 0 and 180 degrees. Since the

relative rotation rate of Earth with respect to Venus is greater than that of
Mars with respect to Earth, the periods of communication blackout for Venus

are shorter. These data are presented in figures 64 through 66 for the years
1968 to 1979.
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TABLE 35

MARTIAN ORBITAL LOOK ANGLES, DEPARTURE DATE

30 JANUARY 1969 -- FIRST DAY
t

Mar s Occultation

True

Time Anomaly Sun Earth Canopus Vega

(hours) (f)

0 0 no no no

O.l

0.2

0.3

0.4

0.6

0.8"

l.O

13. 938

27.388

39. 974

51.483

71. 137

86.843

99. 529

110.007

118.873

1.2

no

no

no

no

no

no

no

no

no

no

no

no

no

no

yes

no

no

no

no

no

no

no

Cone Clock

Angle Angle

(degrees) (degrees)

80.2492 325.435

85.9493 312.617

91.6419 300.422

96.9066 288.953

101.482 278.251

108.275 259.147

112.292 242.946

I14.324 229.303

115.066 217.794

114.996 208.005

I14.003 195.775

112.4Z5 185.688

110.544 177.096

107.786 167.224

103.344 154.475

100.212 146.706

96.0632 137.238

91.5473 127.485

86.4950 116.721

81.9122 106.628

78.0760 97.5427

73.8815 81.3165

69.5002 71.5780

66.8246 58.6792

65.0331 42.2113

65.3860 21.3429

66.9257 9.2907

69,6403 356.440

73.5719 343.162

80,1503 326.001

no

no

no

no

no

no

1.4 no no

1.7 130.040 no no

Z.O 139.439 no no no

2.3 147.648 no no no

2.7 157.367 no no no

3.3 170.417 no no no

3.7 178.637 no no no

188.8814.2 nono

yes

yes

_/es

yes

no

no

4.7 199.602 no no no

5.2 211.485 no no no

5.6 222.517 no no no

Z3Z. Z48

243.917

258. 566

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

no

5.9

6.2

6.5

6.7

6.9

270. 828

28 5. 959

7.1 304.888 no

7.2 316.014 no

no

no

nQ

no

no

no

no

_es

yes

yes

yes

yesno

328.251

341.444

359. 389

7.3

7.4

7.5

no

no

no

no

no

no

no

no

no

-150-



TABLE 36

MARTIAN ORBITAL LOOK ANGLES, DEPARTURE DATE

30 JANUARY 1969 - 180th DAY IN ORBIT

Mar s Occultation

True

Time Anomaly Sun Vega

(hours) (degrees)

0 207. 152 no no

0.4 217. 483 no no

0.7 226.400 no no

1.0 236.843 no no

1.3 249.598 no no

1.5 259.999 no no

1.7 272.577 no no

1.9 288.141 no no

2.0 297.336 no no

2.1 307.616 no no

2.2 319.032 no no

2.3 331.531 no

344.9222.4

2.5

2.6

no

no358.838

Clock

gone angle Angle

(degrees) (degrees)

24.5632 220.063

21.9361 245.599

23.2162 268.732

28.2639 289.982

37.3746 306.642

45.9573 315.527

56.9944 323.279

71.1395 330.533

79.6206 334.210

89.1478 338.097

99. 7302 342. 402

111.247 347.453

123.386 353.841

135.536 2.684

146.670 16.239

155.019 38.350

158.038 69.631

155.095 98.156

141.951 127.'416

128.585 139.656

112.112 148.992

9%249 154.656

85.772 160.131

74.924 164.663

65.706 168.923

57.538 173.310

48.272 179.547

39.697 187.569

31.742 199.263

24.702 220.076

no

no

no

12.798 no no

2.7 26.306 no no

2.8 38.974 no no

Earth Canopus

no no

yes no

ye s no

yes no

no no

no no

no no

no no

no no

no yes

no yes

no yes

no yes

no yes

no no

no no

no no

no no

no no

no no

no no

no no

no no

no no

no no

no no

no no

no no

no no

no no

2.9

3.1

no50.577 no

70.408 no no

3.3 86.260 no yes

3.6 104.569 no yes

3.9 118.553 no yes

4.3 133.070 no no

4.7 144.796 no no

5.1 154.844 no no

5.5 163.873 no no

6.0 174.380 no no

6.5 184.589 no no

7.0 195.040 no no

7.5 207.046 no I no
I
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TABLE 37

LOOK ANGLES TO EARTH DURING PLANETOCENTRIC ORBIT,

DEPARTURE DATE 30 JANUARY 1969--MARS TYPE II

Days
from

Arr ival

0

20

40

60

8O

I00

IZ0

140

160

180

Cone Angle

(degrees)

44. 9

43. 1

40.8

38.2

35.2

32.0

28.7

25.3

21.7

18.1

Clock Angle

(degrees)

Z80.7

Z8Z. 5

283.6

284. 0

284.6

282.7

281.1

279.1

276.6

273.9
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2. Direct Earth-lander communication link. A direct Earth-lander com-

munication link is a highly desirable feature since this removes the require-

ment for a relay orbiter for each mission. The communication time per day

is a function of the lander latitude, the minimum elevation angle above the

local horizon required for communication, and the elevation of the Earth line

with respect to the Martian equator. In this analysis, it was assumed that

the Earth must be at least 10 degrees above the lander local horizon for ac-

ceptable communications.

The Earth and Mars position vectors in a heliocentric equatorial coordinate

system can be obtained from ephemeris data. The unit Earth-Mars vector

may be obtained by

(E x- Mx) i x + (Ey - My) i_y + (E z - Mz) i_z

!ME = :E x -Mx )2 + (Ey -My) 2 + (E z -Mz)2

To determine the elevation of the Earth with respect to the Martian

equator, the Martian North Pole vector must be determined. The Martian

North Pole vector in the Martian orbital frame, defined by the positive x-

axis in the direction of the ascending node, z-axis normal to the orbital plane,

and the y-axis chosen in the orbital plane to form a right-handed system, is

1MN P = 0.247 i x -0.343i_y + 0.906i_z .

This vector can be translated to the elliptic frame by

I INp x "I I- cos l_ cos i sin f/

_NPy, sin f/ cos i cos f_

1Np z , J 0 - sin i

where

sinic°sf// /1NPy /

oo. ,J L2., J

i = inclination of Martian orbital plane (-1 deg. 51 min)

f_ = longitude of Martian ascending node (-49 deg. 13 min).

Finally, the North Pole vector can be obtained in the heliocentric equa-

torial system by a rotation of (-23 deg.., 27 rain) about the x axis and is defined

by

1Np = 0.443_i x - 0.407iy + 0.799iz •
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i

The elevation angle of the Earth line with respect to the Martian equator

is computed by

= sin-1 [1Np. 1ME ]"

This angle varies between ± Z5 degrees and is presented for the time period

between 1968 and 1979 in figures 67 through 69. The variation in this angle

is extermely important in selecting lander locations where direct communica-

tion is possible. By definition, the angle between the Earth-line latitude and

the lander latitude must be less than 80 degrees. Therefore, if the elevation

of the Earth line is -Z5 degrees at encounter, the lander latitude must be

constrained to be less than + 55 degrees for communication. From this con-

sideration, the elevation of the Earth line must be employed as one constraint

in selecting desirable lander locations.

The percent of communication time per day can be computed knowing the

elevation of the Earth line _, the lander latitude L L, and the communication

cone half angle _, by

I y/c sin 2 _ - (sin 7] - slnL Lcos _)_ 1

- 1 -1 °s2 LL
t = _ sin

180 cos L L cos 71

provided there are no receiving restrictions with respect to Earth.

For lander latitudes of ±80, ±60, ±30, and 0 degrees, the percent of

communication time per day is presented in figures 70 through 75 for northern

and southern latitude landers, respectively, from 1968 to 1979. These data

indicate that on the average communication is possible 40 percent of the time

for lander latitudes between ± 30 degrees. However, for lander latitudes near the

polar caps, there are cyclic periods of several months duration where continuous

communication is possible, and other periods of the same duration where no

communication is possible.

In this analysis, no consideration was given to the possibility of com-

munication blackout as determined by the angle subtended at Mars by the

planet-Earth-line and planet- sun-line.

3. Orbiter=lander communication relay link. While an orbiter-lander

communication relay link between the lander vehicle may not be desirable for

all missions, there are several advantages associated with it. First it pro=

vides a redundant communication system in event the direct Earth=lander

link fails to operate during atmospheric descent and, second, it allows for

lander impact locations to be selected where direct Earth communication is

not possible, as shown in the preceding section.
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From the specification of the planetocentric orbit by the apogee and

perigee radii, ra and rp, respectively, the size of the orbit is expressed in

terms of the semimajor axis a, by

r a + rp
a --

2

and the shape of the orbit is obtained from the orbital eccentricity e, by

r a -- rp

e

ra + rp

The semilatus rectum p, which is a function of a and e, is defined by

p = a (1 - e 2) .

The mean angular motion _ and the orbital period P are functions of the

semimajor axis only and may be expressed by

= a3

and

whe re

= planetary gravitational constant.

The total time for which this analysis will be conducted can be expressed

as a function of the totalnumber of orbits n t by

Tstop = n t P

In this analysis, the effect of orbital plane and apsidal line rotation due to

planetary oblateness will be neglected.

A reference point defined by the intersection of the lander latitude plane and

the ascending node of the orbit plane is selected as shown in figure 76. For

this reference point to be defined, the inequality
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w

i>L >0

must be satisfied where:

i = orbital inclination with respect to planetary equator

L = lander latitude.

The angle between the reference point and the initial lander position is

a function of time and is

@,

/3 ---- /30 + Op t

where

and

/30 = initial separation.

The central angle between the reference point and the lander position a is

a = 2 sin -1 (cos L sin 2_-_/ •

The difference between the two additional angles _b and h, defined by

lcot /3/2 t_b = tan -1 \si'-'_ L

.cos i ._
--sio-' '

is the angle y which is employed in conjunction with the central angle of the

orbiter with respect to the reference point f* and a to compute the central

angle between the orbiter and lander 8 by

_ = 2 sin-X fsin Yl _sin2 (_ + c°t2Y2 2

0

After having determined 6 the range R and the elevation angle E of the

satellite with respect to the lander can be obtained by
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R = V/r2 + ro2 - 2rrocOS8

where

r o = planet radius

r = radial distance of orbiter from planet center

E = sin -I R "

The azimuth angle from the lander to the orbiter (due West defined as

zero} is

A =90-¢ + A 1

where

A 1 = tan -1

I 2 cot y sin f* J

2

sin(f* + a) - cot 2 y sin(f*-a)
2

If E is greater than the minimum angle for communication E 1, the true

anomaly is increment by Af, the eccentricity anomaly and time from perigee

computed. The time between the points where E = E 1 on the ascending and

descending portions of the orbit with respect to the lander is the total com-

munication time for that pass. The orbital plane remains fixed in inertial

space as the orbiter proceeds by increments olaf and the lander position

changes due to planet rotation Up. The total time per pass is therefore

computed and, if the orbiter proceeds through 360 degrees without E> E 1,no

communication is possible on that pass. At the desired program stop, the

time in communication per orbital pass, the number of passes where com-

munication was not possible, and the total communication time are computed.

In this present analysis, it was assumed that an omnidirectional antenna

would be employed on the lander; however, with the utilization of a directional

antenna., the rate of change of the elevation angle J_,the rate of change of the azimuth

angle A, and the range rate R can be obtained by
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= cot E
R r

= (r - ro COS S )_ -- +
R

r ro _ sin

where

r = radial distance of orbiter from center of planet

ro = planet radius

R = range from orbiter to lander.

The communication time is a function of the lander latitude, orbital

inclination, size, and shape in addition to the location of periapsis.

In this analysis, lander locations of Z, Z2, 4Z, 62, and 82 degrees were

investigated where the periapsis latitude was varied between ± 90 degrees in

15-degree intervals. Due to symmetry, lander latitudes for the appropriate

periapsis location, i. e., southern latitude lander with southern latitude

periapsis locations are identical with northern latitude lander and periapsis

locations, etc.

For a reference orbit with a periapsis altitude of 1500 km and an apoapsis

altitude of 10, 000 km, the number of orbital passes in which communication

is possible, the total communication time per week, and the communication

time per pass is a function of the lander and orbiter periapsis latitudes. In

general, for lander latitudes in excess of 60 degrees, communication is pos-

sible each orbit regardless of the periapsis location. However, these lander

locations do not maximize the total communication time when the corresponding

periapsis locations are in the northern hemisphere. The total communication

time for a fixed number of orbits (101 in this analysis) is essentially minimized

when the lander and periapsis latitudes correspond and is maximized when these

locations are separated by 180 degrees. In part this is due to the variation in

the rate of rotation of the orbiter radius vector in the vicinity of apogee and

perigee and in part due to the increased altitude at apoapsis. For the nominal

apoapsis and periapsis altitudes, the orbital period is such that the vehicle

completes approximately 25 passes per week. This total communication time,

and corresponding number of visible passes was separated into weekly intervals
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and the results indicate that these parameters are nearly repetitive on a

weekly basis. These results are summarized in table 38. For the first 30

orbits, the communication time per pass is presented in figures 77 through

81. In these graphs, only the points corresponding to an integral number of

orbits are pertinent and the lines connecting the points are only intended to

indicate the various lander latitudes.

The variation in total communication time and number of visible passes,

as a function of apoapsis altitude, was analyzed for apoapsis altitudes between

5, 000 and15, 000 km for a fixed orbiter periapsis latitude of 30 degrees.

The percentage of visible passes for a fixed number of orbital passes
and the time in view per orbit increase as the apoapsis altitude is increased

for a fixed lander and periapsis location. For an apoapsis altitude of 5000

kin, the average time in view per orbit increased from 35 to 50 minutes as

the lander latitude increased. The average time for a 10,000-km apoapsis

altitude is essentially independent of lander latitude whereas the average
time decreased from 150 minutes to 90 minutes as the lander latitude increased

for a 15,000-km apoapsis altitude. This reversal in trend is related to the

fact that the orbital period increases from 4. 5 to 12 hours as the apoapsis

altitude increases from 5000 to 15, 000 kin. These results are presented in

figure 8 2.

An analysis was also conducted to determine the variation in communica-

tion time per orbit for other than polar orbits. Inclinations of 67. 5 and 112. 5

degrees were employed for lander latitudes between ± 62 degrees. As expected,

the variation between these and polar orbits is quite negligible and the average

communication time per orbit essentially decreases monotonically as the

periapsis latitude increases from -62 to +62 degrees. The only exception to

this is the near equatorial lander location. These results are presented in

figures 83 through 85.

5.4 Mars Orbit Selection

1. Summary. The Voyager orbiter has the functional requirements of

(a) providing an observation platform from which scientific information such

as planet surface characteristics can be obtained, and (b) acting as a relay

station to support data transmission from the planet surface to Earth.

Considering these requirements, in principle, it appears desirable to

attempt to obtain a low-altitude circular orbit. In practice, there are con-

siderations which limit our ability to achieve this goal. The dominant con-

straints being (a) To avoid the necessity of orbiter sterilization, the minimum

orbital altitude must be such that the orbit decay time is in excess of 50 years.
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This constraint leads to minimum altitudes of 1500 km for highly eccentric

orbits and 1800 km for near circular orbits about Mars; and (b) The weight

of propellant required for orbit injection is a strong function of the orbital

eccentricity which makes circular orbits at any orbital altitude uneconomical

with respect to weight.

The minimum altitude constraint is paramount in determining the best

resolution that can be obtained from an orbital mapping system. Assuming

that a mapping system characterized by an optical focal length of 2 meters

with an imaging tube operated at a line density of 600 lines per inch represents

a reasonable maximum in equipment capability, the highest resolution which
could be obtained from an orbital altitude of 1500 km is approximately 40

meters. Although this represents an achievement 3 orders of magnitude

better than the maximum capability from Earth while viewing at best planet

oppositions, such a resolution would be inadequate for a low-risk manned

landing. However, if the constraint of not sterilizing the orbiter is accepted,

one orbital dimension (periapsis) is limited to the range between 1 500 and

1800 km (neglecting injection inaccuracies).

The payload constraint affects the mapping task in two ways: (a) To ob-

tain a reasonable map of the planet's surface, it is desirable to maintain a

constant picture size along a longitudinal strip. For noncircular orbits, the

picture size would vary linearly with altitude, and consequently variation of

the optical system's characteristics as a function of altitude must be included,

and (b) Regardless of the nature of the orbit with respect to viewing, it is

necessary to transmit the data which are collected to Earth, and the weight

penalty of achieving low eccentricity orbits would undoubtedly reduce the

weight at which the collected data are transmitted.

In a weight versus scientific capability consideration for a spacecraft

such as Voyager, there is, in general, a sharp break point below which data

transmission and scientific capability is extremely small and above which

a small percentage increase in weight makes a gross increase in scientific

data collection capability. Due to the difficulties associated with highly ac-

curate weight predictions in a conceptual design, it is extremely important

that the conservative approach be taken. For this reason, an orbit with high

eccentricity was selected for synthesizing the mapping and communications

sub sy stem s.

2. Factors influencing orbit selection.

a. Mapping resolution. For a nondiffraction-limited optical system,
the surface resolution Ris

h

dF
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where

d = imaging tube line density

F = focal length

h = altitude.

Figure 86 is a plot of resolution versus altitude with focal length as a

parameter for a system using a line density of 600 lines per inch. One can

see that at the minimum altitude allowed for a nonsterilized orbiter and for

a focal length of 2 meters, the maximum resolution is 37. 5 meters. If

preparation for a manned landing required an order of magnitude improve-

ment, clearly a much lower orbital altitude coupled with more cumbersome

optics would be required. Increasing line density may be considered to be

an alternative, but the amplitude response of present-day imaging systems

is marginal for line densities in excess of 600; and extending this limit would

result in "poor quality, high resolution" pictures of questionable value. The

sterilization constraints therefore tend to make the resolution consideration

an academic one. In this regard, we select the lowest altitude which is

allowed and design the mapping system to provide maximum capability.

b. Communications. Orbit selection has an effect on the data trans-

mission problem in two areas, the first resulting from the fact that the weight

available for communications diminishes with diminishing eccentricity, the

second being the effect of orbit parameters on the relay link performance.

-Assuming that the weight saved in propulsion is used to increase data

transmission rates, figure 87 presents relative data transmission capability

as a function of apoapsis. This curve illustrates the acute sensitivity of

bit rate to estimates of orbiter weights. To ensure even modest communica-

tion capabilities, it is necessary in the conceptual design phase to select an

orbit which would not be critically affected by an increase in structural weight,

propulsion system specific impulse or mass fraction, and booster payload

capability.

In the selection of an orbit for relay communications, it is desirable to

have a high frequency of passes where communications can take place; and

further to have the duration of these intercepts as long as possible. Tables

39 and 40 represent the results of an analysis on the ability of a polar orbiter

to see the Mars lander for three representative orbits. Figure 88 presents

the average frequency of intercept versus apoapsis, and figure 89 presents

the time in hours to collect 108 bits from the lander as a function of apoapsis

altitude. The obvious result is, of course, that the low eccentricity orbits

require less time for lander data collection. If, however, the weight saved

in propulsion by accepting a high eccentricity were applied to the lander for
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communications, the picture would change radically. If only 10 percent of

the difference in orbiter weight for 1800 km circular and 1700 by 10,000 km
orbits were used for lander communications, the time to playout would be

less for the highly eccentric orbit.

c. Time to map. An important consideration in the mapping task

is the total time required to map the planet. A computer program was written

to obtain the total mapped area as a function of time for various orbits. It

was found, however, when taking redundancy into account that the nonredundant

mapping time was an extremely sensitive function of the orbital period and

hence any attempts at producing a particular orbit within the precision of

orbit injection will result in a large number of possible mapping life times

for any set maximum tolerable redundancy. To illustrate this fact, figure 90

shows a plot of areas mapped versus time for various apoapsis altitudes with

a constant 1 500-kin periapsis altitude. In the first 24 hours, all mapping is

essentially nonredundant for all but equatorial orbits. Beyond this time,

there is a finite probability that some mapping passes will overlap a large

part of some previous mapping pass, thus introducing a great amount of re-

dundancy. There is also a finite probability that the first overlapping pass

may occur some large number of orbits later, and hence the nonredundant

area mapped follows the extension of the pre-Z4-hour line for many days or

weeks. On the average, the nonredundant area will certainly lie between the

limits of the dotted extension line and the value of area mapped at Z4 hours.

This phenomenon was thoroughly investigated by considering the sensi-

tivity of the function (n0) modulus 360 where 0 is the angle between successive

equator crossings for orbits of various size and inclination. The item of

interest is the number "n" such the the nth mapping pass overlaps some fixed

amount of the first pass.

Figure 91 shows how the number "n" varies as a function of the angle

for a I degree nonoverlapping picture. The range of the angle 0 in this

figure roughly represents a range of orbital semimajor axes from 9076 to

9100 km.

Figure 92 is an expansion of the graph of figure 86 between 0= 107. 18

and 107. 19. It can be seen from these figures that the number of nonredundant

mapping passes varies in almost random fashion over the relatively small

perturbation in orbit size and/or inclination.

Since the number of picture elements transmitted as a function of time

is the important consideration rather than the area covered as a function of
time and since the number of picture elements transmitted per unit time is

determined by the average bit rate, the fact that circular orbits sweep out

surface areas faster than elliptical orbits is of little consequence.
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d. Orbital periapsis location for successful mapping. Having

selected a 1700 by I0,000 km orbit, an evaluation of the possible orbital peria-

psis locations and precession was performed and is reported in appendix 6.

The study showed that all desirable orbits (near polar) had initial periapsis

locations over the planet's sunlit region. However, the periapsis point quickly

precessed onto the dark side of the planet. This result favored a mapping

system with two optical systems, one for mapping in the region of periapsis when

it is in the sunlit region, and one for mapping in the region of apoapsis when it is

elsewhere in the sunlit region. The reference mapping system design follows

this technique and is described more fully in another volume.

e. Conclusions. The conclusion arrived at after considering the

various factors involved in orbit selection is that the risk involved with basing

subsystem designs, such as the mapping subsystem and the communications

system, on the assumption that sufficient weight will be available to achieve

a circular orbit is too great. Since the designs which result from assuming

a highly eccentric orbit are more general, and consequently more flexible,

in capability, modifying them to allow adaptation for circular orbits will

result in a reduction of complexity. In addition, the performance of the

mapping subsystem is dictated primarily by the lowest altitude achievable,

rather than the eccentricity of the orbit; and the rate at which information

can be collected is favored by highly eccentric orbits.
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TABLE 39

SAMP LE FREQUENC Y OF ORBITER- LANDER

RELAY COMMUNICATIONS OPPORTUNITIES

Orbit

0

I0

17

20

27

30

37

47

0

6

IZ

23

Z9

35

41

0

8

16

Z4

31

3Z

39

40

i, 500 x

Communication Zone

Planet Centered

Angle (degrees)

_-30

±30

±30

±30

±30

±30

+30

±30

I0,000 km orbit

Time

In Orbit

(hours)

0

73

125

147

198

Z20

271

345

Approximate
Communication Time

(minutes)

Z2

Zl

15

18

20

13

Z2

XZ

1,500 x 5,000 km orbit

±30

±30

+30

±30

±30

±30

±30

0

ZT.I

54. Z

104

131

158

185

25.4

23

19

19.5

24

25

23

I,800 km circular orbit

+30

_30

±30

±30

±30

±30

±30

±30

0

Z5

50

75

96

lO0

IZl

124

31

30.5

30

27

13

25

19.5

21
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TABLE 40

PROBABILITY P (l_ OF COMMUNICATING WITHIN N ORBITS FOR
THREE SAMPLE POLAR ORBITS

1,500 x 10,000 km orbit

N P(_9

0.14

0.31

0.47

o.56

0.67

0.78

0.9Z

0.94

0.97

1.0

Days After

N=O

1

1

1

1

Z

Z

Z

3

3

3

I, 500 x 5,000 km Orbit

N P(N)

0

1

Z

3

4

5

0.17

0.34

0.51

0.68

O.86

1.0

1,800 km Circular Orbit

N P(N)

0

1

3

4

5

6

7

0.17

0.Z9

0.4Z

0.67

0.80

0.g0

1.0

b
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6. SYSTEMS ANALYSIS DURING PLANETARY ENCOUNTER

This section discusses the lander-to-orbiter communication relay require-

ments at planet encounter and the selection of separation and entry parameters

for optimizing vehicle payloads and minimizing lander dispersion. System

tradeoffs involving the effects of separation range, approach velocity, and entry
angle on payloads, dispersion and transmitter characteristics are studied. The

geometry of the lander-orbiter communication link during data transmission

determines the requirements for lander lead time, lander transmitter range,

antenna pattern, and orbiter-receiving-antenna look angle. The relay geometry

also imposes constraints on the selection of landing sites. System studies also

considered the tradeoffs between alternate methods of obtaining lander lead

time. Unless otherwise noted, the analysis is based on a Mars mission•

6. 1 Lander-Orbiter Communication Relay Geometry

1. Communication system requirements. Engineering and scientific

measurements made by instruments on the lander during atmospheric entry

and descent are recorded for later playback. These data are transmitted to

the orbiter relay during a 10-minute period centered on planet impact• To

obtain the necessary 10-minute communication time, the lander must reach the

planet ahead of the orbiter, placing the orbiter within the lander antenna beam

during the communication period. The zone of possible lander-to-orbiter

communication must be large enough to encompass all trajectory uncertainties•

The major uncertainty is the lander descent time which taken over the large

variety of postulated Martian atmospheres was found to vary by approximately

10 minutes including the uncertainty resulting from dispersion in the lander

impact point• The error contribution due to uncertainty in orbiter position
was found to be negligible• The orbiter must remain within the lander antenna

pattern for at least 20 minutes to ensure sufficient communication time. To

meet this condition, the orbiter position (point A in figure 93) at start of data

transmission must be 20 minutes from the point at which the trailing edge of

the lander antenna beam intersects the orbiter trajectory, assuming a

minimum descent time. If the descent time is at its maximum value, data

transmission will start when the orbiter is 10 minutes from the trailing edge

of the beam (point B in figure 93). The orbiter position at start of transmission; the

determines the required lander lead time. The required transmitter range is the

distance from the farthest dispersion limit of the lander impact point (point D)
to point A.

Figure 94 shows the geometry of the communication relay at the start of

lander transmission for a typical case (approach velocity V_ = 4 km/sec). The

lines emanating from each impact point represent the trailing edge of the
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transmitter's 120-degree pattern. Except for the point related to rE = 45 degrees

where the 3-sigma dispersion is included, nominal impact points are shown. The

numbers along the orbiter approach trajectory represent time in minutes from

periapsis. The effect of entry angle on impact point and consequent communica-

tion geometry is shown. The antenna pattern associated with large entry angles

and related impact points is directed further backward along the orbiter

trajectory than that for small angles. As a result, there is more communication

time available at the steeper entry angles. However, the required transmitter

range increases. At the shallower entry angles, a smaller section of the

trajectory is subtended by the lander antenna pattern and the required antenna

beamwidth increases, limited only by the horizon. Because of receiver noise

problems, the beam should be elevated at least 10 degrees above the horizon,

limiting the maximum beamwidth to about 160 degrees. Because of bearnwidth

limitation, there is insufficient communication time available for entry angles

less than 25 degrees with approach velocities greater than 4 km/sec.

An additional constraint, most significant at the smaller entry angles, is

the thrust phase for orbit injectionoccurringbetween 8 and 3 minutes before

the periapsis of the approach trajectory. No communication from the orbiter

to DSIF can be conducted during the thrust phase because the orbiter will be

oriented for thrust application and the Earth-directed antenna will be stowed.

Data can still be transmitted from the lander to orbiter and stored during the

thrust phase. After thrust termination, the orbiter will be reoriented for

relay to Earth.

Figures 95 and 96 show the requirements for transmitter beamwidth and

range as functions of asymptotic approach velocities and lander entry angle

for lander-orbiter separation ranges of 106 km and 0.5 x 106 km, respectively.

The transmitter range requirements decrease somewhat as the separation

range is reduced, since a smaller lander dispersion is experienced at 0. 5 x

106 km separation range, based on the assumption that a terminal guidance

system is employed. Without terminal guidance, there would be little or no

difference between the two curves.

The results show that a lander transmission range of 15,000 km with a

beamwidth of 120 degrees will provide adequate communication for landing

sites corresponding to entry angles of from 45 to 90degrees andfor approach

velocities ranging from 3 to 6 km/sec. For entry angles between 30 and 45

degrees, a beamwidth up to 150 degrees is required. Since the transmission

range required is smaller at shallow entry angles, the lower gain portions of

the antenna pattern should effectively provide communication up to a 160-degree

beamwidth. Communication is marginal below entry angles of 30 degrees

where there is insufficient communication time at approach velocities of 4, 5,

or 6 km/sec.
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2. Effect of landing site selection on relay communications. The main

effect of the landing site selection on relay communications is to establish the

orientation of the lander transmitter beam relative to the approaching orbiter.

Figure 94 illustrates how the orientation of the beam trailing edge varies with

lander impact point location. This variation causes the lander lead time re-

quired for the 20-minute communication zone to vary accordingly.

The communications relay geometry discussed throughout most of this

study considers coplanar lander and orbiter trajectories. Evaluation of the

relay geometry for out-of-plane lander trajectories was also accomplished.

Figures 97 through I00 show the limit which the required 20-minute communica-

tion time places upon the planetocentric angle departure of the lander impact

point from the plane of the orbiter. Also indicated are the surface impact

points (corresponding to the coplanar lander trajectory) as related to the true

anomaly angle of the orbiter. The impact points are identified by the correspond-

ing entry angles. The assumed transmitter range is 15,000 km.

Figure 97 shows the central angle deviation of the 20-minute isochrone for

the entry angle of 20 degrees to be zero. The maximum central angle deviation

of approximately 40 degrees occurs for impact points associated with entry

angles around 60 degrees (true anomaly angle of 70 degrees). The reason for

this can be explained as follows: The antenna pattern of the lander is a 120-

degree conical beam. The requirement for the duration of the orbiter passage

through the lander antenna beam is 20 minutes or more. For the condition of

YE = 20 degrees, the orbiter is close to the planet (near periapsis) when

passing through the beam and, as a result, the duration of passage is limited.

Central angle deviations other than zero do not accommodate the 20-minute

communication time required. For entry angles greater than 60 degrees, the

central angle deviation is limited by the 15,000-km transmitter range.

Variation of the approach velocity does not affect the maximum central

angle deviation, but it does shift the isochrone line for the low entry angle

condition.

3. Effect of orbit injection on communication relay. The thrust phase

for the orbit injection maneuver considered in the relay geometry study

considered a thrust of 2500-pound magnitude and a specific impulse of 315

seconds. The thrust direction and duration have been optimized to achieve

the desired orbit. The orbit considered for Mars is elliptical with 1700 and

10,000 kilometers periapsis and apoapsis altitudes, respectively. The thrust

phase is important relative to the relay geometry since in the shallow entry

angle and high approach velocity case the thrust sequence affects the direct

communication relay with Earth. The vehicle may not be oriented for orbit

injection, lander-orbiter communication, and Earth-sighting, all at the same

time.
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The point of thrust initiation is a function of approach velocity, thrust

magnitude, specific impulse, the desired final orbit, and the mass of the

orbiter. The effect of an increase in approach velocity from 4 to 6 km/sec

is to shift the thrust initiation point for a 4500-pound orbiter back from 26

to 29.5 degrees from the periapsis of the orbiter approach trajectory. The

cutoff point for the above cases varies from 12 to 3 degrees before periapsis,

respectively. During the orbit-injection thrust phase, data transmitted by the

lander to orbiter must be stored in the orbiter for later retransmission to

Earth.

4. Look angles between orbiter and lander. The antenna location and

pattern for both the orbiter and lander are of utmost importance in the

communication relay operation. Look angles were determined by relating the

line of sight to a known body reference. Two basic angles were determined.

One is lander-centered, the angle between the lander roll axis and the line of

sight to the orbiter. The other is orbiter-centered, the angle between the

orbiter longitudinal axis and the line of sight to the lander.

a. L_nder-centered angle. During the approach phase, the lander

will be transmitting to the orbiter. Figures 101 and 102 show typical examples

of the lander-centered angle between the lander roll axis in the aft direction

(along the centerline of the beam) and the line of sight to the orbiter. The

angle is considered positive in the direction indicated in the figure.

During the relay transmission phase, after entry, the antenna beam is

a 120-degree cone directed upward along the local vertical. Figure 103 shows

the time history of lander-to-orbiter look angles during the relay phase for the

typical asymptotic approach velocity of 4 krn/sec. The orbiter passes over-

head for entry angles of 60 degrees or less as indicated by the change in sign

of the angle from positive to negative. The horizontal extremities of the lines

define the available communication relay time. The time for the YE = 20

degrees case is limited to approximately 19 minutes. By comparing figures

103 and 104, the effect of a high approach velocity and low entry angle in

increasing the look angle spread and reducing the available communication

time can be noted.

b. Orbiter-centered angles. Placement of the relay antenna on the

orbiter can best be determined by look angles between the orbiter roll axis and

the line sight to the lander during the time the lander is transmitting. This

transmission time occurs for a minimum of I0 minutes centered on lander impact.

Figure 105 shows these look angles for an approach velocity of v -- 4 km/sec.

The look angles are plotted as a function of entry angle and time from periapsis

of the orbiter approach trajectory. The roll axis of the orbiter is assumed to

be oriented in the fixed direction for the thrust phase of orbit injection during

the last hour of planetary approach. Assuming that the orbiter approaches the

planet from left to right, the curves show that a field of view of from 25 to 145

degrees measured clockwise (downward and backward) from the forward end
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of the orbiter roll axis will be necessary for complete coverage. The effect

of increase in entry angle is to reduce the variation of look angle. The effect

of an increase in approach velocity is to reduce the time from orbiter

periapsis for the communication relay as shown in figure 106.

6.2 Lander-Orbiter Lead-Time Analysis

1. Lander lead-time requirements. _ne playback of entry and descent
data will occur during a 5-minute period before planet impact, and transmis-

sion of real time status and scientific data will require 5 minutes after impact.

If the lander and orbiter arrive at the planet at the same time, the orbiter

relay will not be within the lander antenna beam or, in some cases, insufficient

time is available for data playback before the orbiter leaves the antenna beam.

Data playback could resume after the orbiter vehicle has successfully

established a planetary orbit and comes into view again. However, if either

the lander fails to survive impact or the orbiter fails to attain a planetary

orbit, the data will be lost. By imparting, after lander-orbiter separation, a

specified velocity increment in the direction of the flight path to either the

lander or orbiter (retrovelocity in case of orbiter), the lander will precede

the orbiter to the planet. More time will then be available for transmitting

entry and descent data_ before lander impact occurs. I_ad time in this study

is defined as the time for the orbiter to travel from its position at the instant

the lander enters the planet's atmosphere to the periapsis of its approach

trajectory.

The orbiterls position at the initiation of data transmission and the time

history of the lander from entry to impact determine the required lander lead

time. The lead time is a summation of the time the orbiter takes to go from

its position at start of transmission to periapsis, plus the time the lander takes

to go from entry to the point data playback begins. The lander-to-orbiter

communication relay starts 5 minutes before impact. The orbiter position at

this time is obtained from the geometric analysis (see figure 93) performed
in the previous section.

Because of the variation in atmosphere, the time for descent can vary
considerably. The difference between the minimum and maximum descent

time is approximately 10 minutes for all entry angles between 20 and 90 degrees,

resulting in a total required communication time of 20 minutes. The required

lead time for a 20-minute allowable zone for communication (10 minutes actual

communication time) is plotted as a function of entry angle and approach

velocity in figures 107 and 108 for separation ranges of 106 and 0.5 x 106 kin,
respectively.

The lead-time requirement for an approach velocity of 3 krn/sec varies

from 27 to 69 minutes for entry angles between 20 and 90 degrees. The
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requirement for the typical case of 4 km/sec and a lander entry angle of

45 degrees is 55 minutes. The curves for approach velocities greater than

3 km/sec terminate at the entry angle of 30 degrees since there is insufficient

communication time at smaller entry angles.

2. Methods of obtainin$ lander-orbiter lead time

a. Accuracy in achieving desired landing site. Attainment of the
desired or necessary lander-orbiter geometry/time relationship during the

spacecraft approach and orbit injection phases can be accomplished in two

ways. Both of these techniques were analyzed to a depth which permits

comparison and selection of the optimum approach from the standpoint of

system accuracy, payload weight, minimum complexity, and sterilization
requirements.

There are two basic techniques possible to achieve the desired spatial-

time relationships between the orbiter and lander. The first technique requires

acceleration of the lander to a relatively high velocity, with respect to the

orbiter shortly after the lander has been separated. Since separation occurs

at a substantial range from the planet {0.25 x 106 to 106 kin) the additional

velocity increment possessed by the lander permits it to "lead" the orbiter to

the planet.

The second technique is a slight variation of the first and can be made to

yield the same basic results in terms of spatial-time relationships; however,

it possesses significantly different implementation requirements. This method

consists of applying a small "normal" velocity component to the lander

planetary approach velocity after the lander has been separated from the

orbiter. The orbiter is then decelerated to a suitable velocity which will yield

the desired spatial-time relationships between it and the lander. (The lander

planetary approach velocity vector is, as in the preceding case, identical to
that of the spacecraft until application of the " A*v" to the lander. )

The objective of the analysis was the determination of the performance

characteristics of each technique, specifically the attainable lander impact

accuracy, as a function of spacecraft guidance and system errors. This was
accomplished with a planar error analysis program described in appendix E.

Considering first order terms and neglecting errors such as those resulting

from time-of-flight errors, then the uncertainty in desired lander impact

point A6L as shown in appendix Eis

(1) (2) (3)

\OvOL \300L

(4) (5)
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Terms (1), (2), and (3) are functions of the spacecraft guidance; they result

from the uncertainty in knowledge of the state of the spacecraft relative to

the destination planet at lander separation and are common to both techniques.

For a valid comparison of both techniques, identical spacecraft guidance per-
formance for both cases must be assumed.

Terms (4) and (5) resultfrom the implementation of the desired AV. Term (4)

represents the error resulting from uncertainty in the magnitude of an applied

velocity increment, such as accelerometer error and thrust cutoff error.

The velocity increment applied to the lander for the "lander speed-up" case

is larger than that necessary in the "orbiter slow-down" case.

Term (5) represents the error resulting from the uncertainty in the angular

orientation 0OL of the applied velocity increment. This stems from spacecraft

attitude control errors, separation tip-off rates, lander thrust axis misalign-

ment, and lander principal axis offset. For "lander speed-up" 0OL is small,

usually less than 12 degrees; for"orbiter slow-clown, " 0OL is 90 degrees.

Typical results are presented in figures 109 through 116 for the following

flight conditions.

Separation range RO 0. 5xl 06 and 106 km

from planet

Spacecraft planetary

approach velocity V 10, 000 and 15,000 ft/sec

Periapsis of unperturbed

spacecraft approach

hyperbola RpB i,800

Applied velocity increment VOL
"I_nder speed-up"
"Orbiter slow -down"

500 ft/sec

Variable

Error AVoL in lander

applied velocity increment VOL

"Lander speed-up"
"Orbiter slow-down"

10 ft/sec 1 o

0.5 ft/sec la

Application angle of

"Lander speed-up"
"Orbiter slow-down"

VOL
Variable

90 degrees

Angular orientation error 0

in applying VL. (Same for

both "lander speed-up" and
"orbiter slow-down" cases)

O. 1 degree 1 a
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Spacecraft guidance performance was identical in both cases and was as-
sumed to be:

Range, R0

106 km

0.5xl 06 km

_O km

100 km (lo)

50 km (1 o)

AVoB

2 cm/sec (Io)

2 cm/sec (I_)

These errors were transformed to a planetocentric polar coordinate

system and interpreted in a manner which maximized the error in the direc-

tion of the spacecraft planetary approach velocity vector. The residual un-

certainties in spacecraft initial range RO speed VOB , and anomaly _OB after
this transformation were found to be negligible.

Expository discussion of these figures will be limited to figures 109 and

110 which present system performance for lander separation at a range of
0.5x106 km and approach velocity of 104 ft/sec for "lander speed-up" and

"orbiter slow-down, " respectively.

The ordinates of all of the figures are identical and represent:

1. Range angle _L traversed by the lander from separation to planetary
impact (no atmosphere)

Z. Uncertainty in range angle A_L(lo)

3. Atmospheric entry flight path angle of lander YEL at a 800, 000-foot
altitude

4. Uncertainty in atmospheric entry flight path angle AZEL

The abscissa of figure 109 ("lander-speed up") is the angle 0OL with res-
pect to the spacecraft planetary approachvelocity to which the lander velocity in-

crement vOL is applied.

The abscissa of figure 110 (orbiter-slow-down)is the magnitude of the

lander-applied velocity increment VOL.

For the reader's convenience, some entry angles YEL in the range -20 to

-40 degrees are noted on the A4n_ curve, permitting easier comparison of

performance. For example, at ZEL = -30 degrees (figure 109, lander speed-

up)
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_L = 86 degrees

_L = 3 degrees

_YEL = 1.5 degrees

and at YEL - -30 degrees (figure 110, orbiter slow-down)

_L = 86 degrees

A_L = 1.6 degrees

AFEL-- 0.9 degree.

It should be noted that the range angle error A_ L will increase when at-
mospheric uncertainties are included.

Although the study was planar, the dispersion resulting from an angular

orientation error normal to the trajectory plane is proportional to the applied

velocity increment VOL. Lateral dispersion performance of "lander speed-up"
versus "orbiter slow-down" will vary with the ratio of the velocities applied

to the lander. For the preceding case, * YEL = -30 degrees, the lateral dis-
persion of the "lander speed-up case" will be a factor of 9 greater than that
for "orbiter slow-down. "

The analyses of figures 109 through 116 were performed on the assumption

that the launch angle error was 0. 1 degree, an unreasonably small estimate

made such that the "orbiter slowdown" approach would not be unnecessarily

penalized. Figure 117 shows the sensitivity of the A_ L and AyEL to the launch

angle errors 0op for more reasonable values of AOOp.

To demonstrate the significance of the launch angle error if the lander

speed-up method is employed, typical design parameters and an operational

sequence are assumed. The design parameters are

Mass = 46.6 slugs

Transverse moment of inertia = 325 slug-ft Z

Roll moment of inertia = 190 slug-ft 2

Location of main rocket = on longitudinal axis 6 feet from c.g.

Location of spin rockets = 3.3 feet from longitudinal axis, directly

over c.g.

Rocket location error = O. 01 foot (3 a} in X, Y, Z, directions
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C.G. location error = 0. 003 foot (3 o ) in X, Y, Z, directions

Angu/ar misalignment of thrust axes = 0. Z degree (3 o ) in pitch and
yaw.

The operational sequence is assumed as follows:

Event Time (sec)

1. Separate orbiter and lander

Z. Eject lander by means of spring mechanism
with 100 lb/sec impulse 0.1

3. Initiate spin rockets 0.1

4. Terminate spin-rocket thrust Z. 1

5. Initiate main rocket 5.0

(5-second delay is necessary to prevent

lander plume impingement on orbiter)

6. Terminate thrust 5.0+T

(Action time of rocket depends on thrust level

and required velocity increment)

The launch angle error was determined as a function of velocity incre-

ment, rocket action time, and spin rate for the above input conditions. The
results are plotted in figures 118, 119, and lZ0.

Equation (1) was used to determine the dispersion resulting from a given
launch angle error. A separation range RL of 106 km and approach velocities

of 3, 4,and 5 km/sec were assumed. From figures 107 and 108, the required

lander lead time and from figures 121 through 124 the corresponding required

velocity increments hv T along the flight path were obtained as a function of

entry angle. The normal velocity increment AVN needed to shift the lander

trajectory was obtained from figures 125 through 128 as a function of entry

angle. The launch angle error corresponding to the total velocity increment

AV I is found from figure 118.

The results are plotted in figure 129 for two different spin rates: 1 rad/sec
(9.6 rprn) and 2 rad/sec (19.2. rpm). For the case of a rocket action time of

10 seconds, a spin rate of 1 rad/sec, a separation range of 106 kin, and an

approach velocity of 4 km/sec, the 1-a values for angular dispersion range

from 3.8 to 8.2. degrees for entry angles between 30 and 90 degrees. Minimum
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dispersion occurs at an entry angle of 48 degrees (on Mars, 1 degree of central

angle equals 59.5 km}.

To reduce the launch angle error to an acceptable level, the spin rate must

be increased. The launch angle error could also be reduced by increasing

rocket action time. Howeverp the error approaches a limiting value which is

unacceptably high.

b. Accuracy of establishin_ terminal orbit. If the lander is ac-
celerated, the orbiter trajectory is unperturbed; however, retrothrust of the

orbiter after separation increases the uncertainty in position and velocity of

the orbiter. The orbiter error depends primarily on the accuracy with which

the desired velocity change can be accomplished. It is here that the orbiter

enjoys a distinct advantage. Since the orbiter is provided with a precise atti-

tude control system, accelerometers, and restartable engine, it can eliminate

the n_ajor contributions to error which make acceleration of the lander so dif-

ficult. If no trajectory corrections are made after separation (either by DSIF

or terminal guidance), the orbiter velocity change could result in an error of

100 km in periapsis altitude in addition to that caused by position errors. It

may be possible to make subsequent velocity corrections to reduce this error

by means of either terminal or DSI.F guidance. It appears that the error in

establishing the orbit will be a stronger function of the injection accuracy it-

self than of errors introduced by slowing down the orbiter.

c. Effect on weight of lander and orbiter. If the lander is not ac-
celerated along the trajectory, the equivalent savings in propulsion weight can

be used to provide additional propulsion or payload on the orbiter. Since the

orbiter must be decelerated anyway (at injection), this extra propulsion is a

bonus. It is not so efficient to decelerate the orbiter at this range, but there

is nevertheless a weight savings.

For example, the penalty in slowing down a 4500-pound orbiter (approach-
ing at 5 km/sec) with a 500-fps tangential velocity increment at 106 kin, rather

than at the injection point, is about 4Z pounds. At the same time the weight

saving from not accelerating the lander is 97 pounds, resulting in a net weight

saving of 55 pounds by decelerating the orbiter rather than accelerating the

lander to obtain the required lander lead time.

d. Effect on sterilization requirements. Applying a velocity change
to the orbiter may increase the probability of the unsterilized orbiter impact-

ing on the planet. However, an unlikely sequence of events must occur to

cause orbiter impact. The malfunction must be undetected prior to retrorocket

firing. The velocity change due to the malfunction must be in the proper direc-

tion. The DSIF command to correct the trajectory error must fail to be car-

ried out. If the probability of these events occurring is shown to be unaccep-

tably high, the velocity change could be applied in smaller increments, allowing

time between impulses to ensure by DSIF tracking that the retrothrust maneuver

is being performed correctly.
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e. Complexity of mechanization. Slow-down of the orbiter does not

increase the complexity of the system, since it makes use of equipment already

present. Furthermore it eases a number of difficult problems. If the lander

is accelerated along the flight path, control of its attitude is critical. To avoid

a closed loop attitude control system, spin stabilization is desirable; spin rates

as high as 100 rpm may be required. Large spin rates impose severe struc-

tural and mechanical design problems; probably a despin device will be required

prior to entry into the atmosphere.

3. Conclusion. The advantage of applying a retrograde velocity change to

the orbiter is clear cut and constitutes the reference design. The orbiter will

be slowed in its trajectory by a sufficient amount to provide the necessary

lander lead time.

6.3 Lander-Orbiter Separation

1. Factors affectin_ separation range. At a precomputed time or distance

from the arrival planet, the interplanetary vehicle will be oriented for lander

separation, and the lander will be ejected, stabilized, and imparted a velocity

increment for impacting at the desired site. The direction of velocity increment

will be near normal to the orbiter approach velocity vector. After separation,

the orbiter will be slowed down to allow the lander to lead the orbiter by the

required amount for the communication relay operation.

Selection of the ideal separation range is largely a tradeoff between orbiter

and lander payloads and the dispersion of the lander and orbiter, the dispersion

being predominantly influenced by the launch-angle error and the type of guidance

system employed. At present, two basic guidance systems have been considered.

One technique relies entirely on the DSIF network which is theoretically able to

compute the position of the vehicle approaching Mars to a constant 1-o accuracy

of ±150 km. The 150 km error in position measured from an Earth coordinate

frame translates into a flight path angle error in the planetocentric frame. The

other guidance technique considered utilizes self-contained terminal guidance

to supplement the DSIF network. This second system enables accuracy im-

provement in determining position and velocity as the vehicle approaches the

plane t.

2. Effect of separation range on payloads. The magnitudes of the velocity

increments for establishing the desired lander and orbiter trajectories influence

the payloads and are a function of the approach geometry, landing site, separa-

tion range, and desired lead time. In general, lander separation at the range

between 300,000 to 1,000, 000 km is considered feasible from the standpoint of

dispersion, payloads, and communication relay.
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The effect of separation range on payload is shown for the 4 km/sec ap-

proach velocity in figure 130. In this case, the combined vehicle weighs 6500

pounds and the lander weighs 2000 pounds. After separation, the lander is ap-

plied a velocity increment AV N to rotate its velocity vector to provide the de-

sired entry angle. The curves for ×E = 45 degrees show that the effect of the

decrease in range from 1,000, 000 down to 500,000 km results in a 1 percent

decrease in orbiter preinjection weight and lander weight. In the case of a

higher approach velocity and steeper entry angle, the effect of decrease in

range on the orbiter payload is more significant as shown in figures 130 through

133. In figure 133, we see thatfor V = 6 km/sec and YE = 90 degrees, the

decrease in orbiter weight due to the decrease in separation range is 3 percent.

These results show that the effect of separation range on payload is of

minor consequence for the ranges considered. The major factor, therefore,

is that of landing site accuracy. In the cases where the two different types of

guidance systems described are considered, the effects of low entry angle,

high approach velocity, and short ranges are significant.

3. Lander dispersion. The dispersion of the lander at entry is a

central-angle variation due primarily to the uncertainties in the approach veloc-

ity and initial position and in the imparting of a velocity vector change to the

lander for landing site selection. As pointed out before, a major factor in-

fluencing the separation range is the resulting dispersion of the lander.

The effect of separation range on dispersion as a function of launch angle

error is insignificant for the case of a constant entry angle and approach veloc-

ity. A decrease in the separation range is compensated for by the corresponding

increase in the magnitude of the launch velocity increment.

4. Effect of separation range on lander impact dispersion with DSIF

_uidance. The error in achieving the desired landing point is primarily a re-
sult of the initial position and velocity errors of the orbiter prior to lander

sel_ration and the additional velocity error imparted to the lander during the

separation sequence. The initial velocity error is negligible and the initial

position error either remains a constant ± 150 km or decreases significantly

with range, depending on whether or not the accuracy of the DSIF network is

supplemented by application of a terminal guidance system on the orbiter.
When no self-contained terminal guidance system is employed and the DSIF

network is utilized alone, a constant value for dispersion (h_ for each entry

angle and approach velocity results. The dispersion he refers to the variation

in central angle measured at the planetls surface. For conversion from angular
to linear units at the surface of Mars 1 degree equals 59.5 kin. The 150-kin

error in position measured from an Earth-centered coordinate frame trans-

lates into a flight path angle error in the planetocentric frame. From figure

134 with V_ = 4 km/sec, the 1-sigma dispersion, A¢, for the entry angle rE of

45 degrees is 2.75 degrees. For the 90- and 30-degree entry angles, A¢ is
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2. 02 and 3.88 degrees, respectively. The figure also shows that an increase

in approach velocity from 3 to 6 km/sec increases the dispersion from 2.43 to

3. 02 degrees for the case of a 45-degree entry angle.

5. Effect of separation range on lander dis_oersion with terminal guidance.

When a self-contained terminal guidance system is used to supplement the

Earth-based DSIF network, the accuracy in determining position and velocity

of the vehicle as it approaches the planet is improved• Since terminal guidance

is used, the errors in range and velocity reduce from that resulting from the

DSIF system to zero as the range decreases to zero•

Figures 135 through 138 show the effect of range on dispersion as a function

of approach velocity and entry angle. As shown in figure 135 where vo_ = 4 kin/

sec, the 1-sigma dispersion for the case of an entry angle of 45 degrees is

2. l and 1. l degrees at the ranges of l06 and 0.5 x l06 kin, respectively.

The effect of range on dispersion is especially significant in the case of

low entry angles and high approach velocities• For example, figure 138, where

Voo = 6 km/sec, shows that when YE = 30 degrees, the one-sigma (1_) dispersion
error A¢is 5.8 degrees and 1.7 degrees for separation at 106 and 0.5 x 10 kin,

respectively.

A comparison of figure 134 and figures 135 through 138 shows that the

accuracy of the terminally guided system for the shallow entry angle of 30

degrees is actually worse than that of the DSIF system until the vehicle has ap-

proached within a 0. 75 x 106-kin range. This result suggests using the DSIF

system as long as possible for the shallow entry angle cases. For any separa-

tion range, the maximum propulsion requirements AVN and AVT exist for the
steepest entry angle, 90 degrees. The lander dispersion at any range is the

least for the 90-degree entry angle. Therefore, if the maximum allowable dis-

persion is known, the corresponding range for the 90-degree entry angl_ c_n

be determined from figure 139. The amount of propulsion sized for that range

will then be more than adequate for all shallower entry angles. For example,

from figure 139 at the entry angle of 90 degrees, the range corresponding to a
1.2-degree (lo) dispersion, A¢ is 106 kin. The AVN requirements for lander

ejection and AV Trequirement for orbiter slow-down for this case are 90 and

133 fps, respectively. From the graph we see that for the same A_ and a de-

sired entry angle of 45 degrees, the separation range should be approximately
0. 535 x 106 kin. The corresponding propulsion requirements in terms of

velocity increments are AVN = 76 fps and AVT = 104 fps, respectively, both less

than required for the 106-kin, rE = 90 degrees separation•

Figure 140 shows basically the same information in another form to better

observe the relation between entry angle and range for constant dispersion and

propulsion parameters. From it, we can see that for a 90-degree entry angle

and a 3.6-degree (3o) allowable dispersion, the separation range should be at
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106 kin, and for a 45-degree entry angle, the separation range should be at

0. 535 x 106 km. The AVN and hV T requirements for the 90-degree and 45-degree

entry angles are indicated.

6. Conclusions. In the case of a terminally guided vehicle, the ideal

separation range depends on the desired landing site (entry angle) and corres-

ponding allowable dispersion; for steep entry angles, separation should be at

a long range (around 106 kin), and for a shallow entry angles, separation should

be closer to the planet (around 0.3 x 106 kin). If more accuracy is required,

then separation can be achieved at shorter ranges at the expense of a larger

propellant penalty.

In the case of a vehicle relying entirely on the DSIF system for guidance,

the ideal separation range, although not influenced by the variation in dispersion,

is influenced by the propulsion requirements, and therefore, should be at a
reasonably long range (around 106 kin).

6.4 Characteristic Velocity Requirements for Special Maneuvers

l. Summary of AV recluirements. Table 41 lists the individual velocity

requirements and corresponding times for accomplishing the various maneuvers

occurring from departure through terminal orbit injection.

2. Guidance aimin_ recluirements to avoid a planetary atmosphere.

a. Introduction. Unless a spacecraft is sterilized, it is undesirable

that it enter the atmosphere of another planet. Therefore the approach asymp-

tote must be at such a distance from the planet that the periapsis altitude is

above the top of the atmosphere. Guidance errors require that the spacecraft

be aimed still further away to limit the probabilit 7 of these errors resulting in

a closer approach than desired. Therefore, an offset or "intentional miss" is

required when guiding the spacecraft to a planet if it is necessary to miss the

planetary atmosphere with a specified probability. Since this offset must be
removed to achieve a subsequent planetary orbit, an additional velocity incre-

ment must be imparted to the vehicle.

b. Method of analysis. A statistical treatment of the problem may
be considered in terms of the probability that a spacecraft aiming for a point

located at a distance p from the center of the planet will pass within a circle

of radius r around the planet and consequently be deflected to a periapsis of

distance less than r.

For statistically independent gaussian random variables x and y with zero
means and variances o 2 and a 2 the bivariate normal distribution function is

x y
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1
f (x, y) = e

2 _a x ay

2

(2)

The probability of a point (x, y ) falling within an area A is given by

//
P -- I I f(x,y) dx dy .

JJ
A

In principle, solving equation (3) will yield the value for p. I_¢,we':,.r, i'.

this case the rather rigorous method can be simplified by certain approxima-

tions. If p is much larger than r, then the assumption that f (x, y } is constant

over h is valid, then equation (3) becomes

'T)r2 2
p : _ (4a)

2o x ay

when

p2

r 2 2a 2
e (4b)

2a 2

= y2ax = Oy = a and p2 x 2 +

c. First and second midcourse corrections for Mars. Vor the case

of a spacecraft approaching Mars at 20, 000 ft/sec (6. I km/sec), r = 67.20 km

for a periapsis altitude of 1800 km, the probability P of 1 in 10, 000, and a

guidance error a of 20, 000 km for the first midcourse correction, solving

equation (4b) for the aiming distance results in Pl = 70, 300 kin.

For the second midcourse correction, the guidance error l-:_ va]u(: is

2000 km, resulting in the aiming point distances P2 of 9300 km from cquation

(4b). However, the assumption that f (x, y } is constant over the area _ is not

valid when the offset is that small.
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A more conservative approach is that the probability P • being outside of

a circle of radius R centered at point (0, 0 ) may be expressed as follows:

P" = 1 -if f(x,y) dx dy

p2
R

f 2o 2
1 -- P e

o 2
0

ap (5)

Integrating (5) Yields

- R2/2 o 2

P" -- e (6)

To ensure that the circle of radius r with its center at a distance p from

the aiming point lies entirely outside the circle of radius R centered at the

aiming point with probability p ", then

p > R + r . (7)

If R = 9 -r is substituted into equation (6), then

(P - 02

2o 2
1D" ---- e (s)

and for P" = I0 -4 and r = 6ZZ0 km, solving equation (8) results in

p = 4.290 + 6220 (9)

Solving equation (9) for the aiming point P2 for the second midcourse cor-

rection where o 2 = 2000 km results in P2 = 14, 800 km instead of the 9300 krn

obtained from equation (4b). The true value which lies between these numbers

can only be determined by integrating equation (3). For large values of p,

equation (4b) is valid, and for the conservative case and small values of p

equation (9) is valid.

d. Third midcourse correction for Mars. The final offset correction

is made as the spacecraft enters the planetary field. It is made from 5 to 10

days before arrival and occurs at I, 000, 000 to 3, 000, 000 km from the planet.
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Using DSII _ tracking, the guidance error a3 quoted for Mars distances is _-150

krn. Since the calculated value of the offset p_ will also be small, equation
(9) is used, resulting in o_ = 6BA0 1,,-_ _ .... -_'-- _- .............

onboard tracking can reduce the guidance error, the bias can be reduced

as well.

e. Recluired velocity changes for Mars. To establish a given offset
distance, it is necessary to correct for the difference or bias which exists at

the time of correction. This correction maneuver requires a velocity change

which imposes an additional propulsion penalty upon the spacecraft. In this

example, the first correction is offset 70, 300 kin, but the second is offset

14,800 kin. The difference of 55,500 krn (p] - P2) represents the bias which

must be removed at the time of second correction. The amount of vel¢,city

change to accomplish this would be less than 10 ft/sec for a typical 2cb_rtiar,

trajectory. The third correction must reduce the bias. The offset r¢:l',aining

is 14, 800 km from the planet center; the new aiming point is some 6809 K,n

from the planet center. The bias to be removed is the difference P2 - P3 or

8000 kin. If made 10 days prior to encounter, this will require an additional

velocity change of about 25 ft/sec. Summing up the velocity increments for

establishing the offsets results in 35 ft/sec (10.7 m/sec). It should be noted

that these velocity corrections for establishing the offsets are independent of

those listed in table 41 which covers other specified corrections.

f. Offset distances for a Venus mission. Determining the offset

requirements for avoiding the atmosphere of Venus can be done in the same

manner as for Mars. The less stringent requirements require a probability

of 1 in 100 that the spacecraft will encounter the atmosphere. For typical ap-

proach velocities, the amount of bias which must be removed at the time of the

third correction is about 5000 kin, compared to 8000 km for Mars. Similarly,

the final bias at orbit injection can be smaller; three times the 1-a guidance

error rather than four times, as in the Mars case.

3. Changin_ the time of arrival. As the vehicle approaches the planet,

the approach direction is essentially fixed with respect to inertial space by the

characteristics of the interplanetary transfer trajectory. At the nominal time

of arrival, the desired landing site will be located so that it car be r_;adily

reached on the nominal landing trajectory. If midcourse guidance e,r_)rs .:ause

the time of arrival to differ from the noruinal, the desired landing sit,:, v,i!] have

rotated away from the desired inertial orientation. The fuel requirements to

change the direction of the approach velocity vector sufficiently to compensate

for this would be prohibitive, since the approach velocity is rather high.

Changing the time of arrival so that the landing site will again be favorably

located at the new arrival time is not so difficult, since a small change in

velocity will make a significant change in time of arrival if it is applied early

enough.
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Figures 141 through 143 show the changes in arrival time versus incre-

mental velocity requirements for various approach velocities and for ranges

from the planet of l x l06, 2 x l06 and 3 x 106 kin. The changes in arrival

time appear to be entirely adequate, although it may be necessary to make

the correction in the vicinity of 3 x l06 km for the higher approach velocities.

From figure 141 which corresponds to a range of 3 x 106 kin, an incre-

mental velocity change of 10 m/sec (33 fps) applied to the 4 km/sec approach

velocity yields a change in arrival time of 0.5 hour. If the velocity change is

applied when the spacecraft is at a range of 106 kin, then the required incre-

ment for the 0.5 hour change in arrival is 96 fps.

The velocity increment for slowing down the orbiter to provide the lander

with the necessary lead time for communication relay essentially changes the

arrival time of the orbiter. This phase was described in the section on lead

time requirements.

4. Velocity increment for lander path. At somewhat closer ranges, it

will be necessary to separate the lander from the orbiter and to modify the

lander's trajectory so that it will enter the planet's atmosphere on a ballistic

path to the desired landing site. The velocity correction is primarily intended

to swing the approach velocity vector from a direction which would miss the

planet to a direction which will cause impact. It is not intended to change the

magnitude of the approach velocity and is therefore applied in a direction

essentially normal to the existing vector and in the same trajectory plane.

The incremental velocity requirements as a function of separation range and

entry flight path angle are plotted in figures 125 through 128 for approach

velocities of 3, 4, 5, and 6 km/sec. The magnitude ranges from 30 to 256

fps (9 to 78 km/sec), depending on the entry angle, approach velocity, and

range. It was assumed that the unperturbed trajectory (the orbiter's) had a

periapsis altitude of 2000 km. The application of the particular velocity

increment has been described in the section on lander-orbiter separation.

If the orbital plane of the orbiter differs from the desired orbital plane of

the lander, it will be necessary to make a plane rotation correction in

addition to the lander separation correction. This consists of an out-of-plane

incremental velocity correction. Figures 144 through 146 show the incre-

mental velocity requirements as a function of the required plane rotation for

various approach velocities and for separation ranges of 0.5 x 106, 0.75 x

106 kin, and 1.0 x 106 kin. It should be noted that since the lander separation

increment and the plane rotation increment are both applied to the lander at

approximately the same range, they can be vectorially combined (they are

essentially normal to each other) to realize a slight reduction in the total

incremental velocity requirement.
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From figure 144, which pertains to a range of 106 kin, the velocity incre-

ment for rotating the plane of a 4 km/sec trajectory 90 degrees is !36 fps.

The effect of halving the range to 0.5 x 106 km is to double (approximately)

the velocity increment to 276 fps.

The application of the velocity increment for plane rotation of the lander

trajectory was covered in the section on lander-orbiter communication relay

geometry. The discussion pointed out the limitation on lander trajectory

plane rotation from the standpoint of sufficient relay communication time.

Central angle deviations of the impact point from the orbiter trajectory plane

beyond 40 degrees are not feasible. To satisfy such a requirement, the

velocity increment for plane rotation at a 106 km separation distance is small

(0. l to O. 3 m/sec).

It will be noted that the periapsis altitude used for the change in arrival

time and for the orbital plane rotation data differs from that used for the orbiter

retrovelocity and (unless otherwise specified) lander separation data (1800

versus 2000 km). However, the dependence on periapsis altitude is not great

and the incremental velocity requirements will remain essentially unchanged.

5. Terminal velocity correction. The terminal correction maneuver

listed in table 41 is for improving the accuracy of the periapsis location of the

approach trajectory. Therefore, the maneuver also affects the thrust program

during orbit injection. In some cases the maneuver may actually be combined

with the orbit injection or orbiter slowdown phase. The orientation of the

thrust vector for this maneuver may be in any direction since both velocity and

position uncertainties must be resolved. The l-sigma velocity increment for

the terminal correction is i0 meters/sec.

6. Orbit establishment. The magnitude of the velocity increment for the

orbit injection maneuver is large enough (ZOO0 to 4000 m/sec for a 4500-pound

orbiter in an elliptical orbit around Mars) to make the other maneuvers

insignificant in terms of propulsion requirements. Because of the magnitude

of the increment required, the thrust direction and duration are programmed

for optimum injection. The thrust initiation point is a function of the approach

velocity, thrust magnitude, specific impulse, the desired final orbit, and the

mass of the orbiter. The cutoff point which also varies in accordance with the

above conditions occurs shortly before the periapsis of the approach trajectory.
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7. STERILIZATION

7. i Introduction

The primary objective of spacecraft sterilization is to protect extraterrestrial

bodies, such as Mars and Venus, from contamination by Earth organisms which

might alter their ecology and might interfere with subsequent attempts at

biological observation of these planets. (Refs. 3 through 7 and also i0.)

The Voyager sterilization program would attempt to prevent launching of space-

craft which could possibly contaminate extraterrestrial bodies. However,

such a degree of sterility must be demonstrated indirectly. Sterilization can

only be discussed in terms of past experience with the methodology which is

being employed through statistical analysis of the results previously attained

through use of these techniques. Sterilization standards have been established

based upon the probabilities of contaminating the planets between the present

and 1980 assuming two launches per launch opportunity by both the United States

and Soviet Russia to each of the target planets. It is argued that the risk of

contaminating the planet should be maintained below the probability of obtaining

no useful biological data for all other reasons. These arguments result in a

sterilization requirement for each launch. The probability of contaminating

Mars with viable terrestrial organisms must be less than 10 -4 , and the risk

of contaminating Venus with viable terrestrial organisms must be less than

10 -2 (ref. 8).

The most direct means of avoiding contamination of a planet is to avoid any

contact between the spacecraft and any portion of the planet or its atmosphere.

This approach is quite acceptable for high altitude orbiters and fly-by vehicles

as long as the probability of spacecraft-planet impact can be held to the re-

quired probability. This constraint has dictated a minimum orbital altitude of

1800 km for near circular orbits and 1500 km for highly eccentric orbits.

These altitude restrictions prevent decay of the orbital trajectory to a dan-

gerous degree for at least a 50-year period.

For entry capsules and landers, the situation is qUite different. Direct

sterilization of at least these portions of the spacecraft must be accomplished

and maintained to the required probabilities. Sterilization by definition is the

process of killing living microorganisms within or on the spacecraft. Hobby

(ref. 9) has estimated that there may be a burden of 109 microorganisms in and

on a spacecraft which is assembled under suitable clean room conditions;

therefore, a reduction in the microorganism population by a factor of 10 13 is

required for Martian spacecraft and I0 II for Venusian spacecraft. There are

several accepted procedures for sterilization of spacecraft which include the

application of dry heat at 135°C for 24 hours, exposure to ethylene oxide

(12 percent ethylene oxide mixed with 88 percent freon-12) for 18 hours at a

temperature of 70 to 100aF and a relative humidity between 30 and 50 percent,
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and exposure to a radiation dose of i. Z x i0 -7 rad (ref. 8). Other possible

techniques which might be used to achieve sterilization include exposure to

liquid sterilants, such as methanol or formalin, and variou.q fi!tratien tech-

niquc s.

An objective of good design engineering is to produce a lander which can

be completely sterilized by the application of dry heat. Certain components and

subsystems of the lander, however, may be sensitive to the thermal environ-

ment necessary for dry heat sterilization. If this condition exists, a backup

technique which allows removal of the therrnolabile components and their sub-

sequent sterile assembly should be utilized. The lander must be designed

such that it can be heatedto 135°C throughout without application of excessive

temperatures to any particular portions. A great deal of attention must be

placed on the maintenance of lander sterility once it is placed in its sterile

container. Provisions must be made for handling and checkout of the lander

while maintaining sterility.

As it is impossible to verify the complete sterility of all lander systems,

sterilization certification must, of necessity, be accomplished by indirect

statistical techniques. Models, mockups, and actual subsystems with known

levels of contamination would be sterilized with the lander and monitored to

determine the effectiveness of the sterilization processes. Only through ex-

tensive testing and experience with the sterilization facility and the particular

spacecraft configuration can appropriate statistical verification of the sterility

of the lander be achieved.

It is suggested that two sterilization facilities be constructed. A com-

plete facility at the assembly site would be used for those portions of the sterili-

zation processes which occur during lander assembly, checkout and acceptance

testing. The second facility need only be a reproduction of the terminal portion

of the sterilization facility to accommodate maintainance and modifications of

the lander once it has been delivered to the launch site. Personnel trained in

aseptic assembly, sterilization techniques, and microbiological procedures

should be employed to operate the sterilization facility. A separate steriliza-

tion control group should be responsible for monitoring, control, certification,

and maintenance of the sterilization facility.

7. Z Sterilization Facilities

An initial burden of approximately 109 viable organisms per lander vehicle

is expected, assuming appropriate clean room assembly of all subsystems and

components. Therefore, Lhe sterilization process must be sufficient to meet

the desired requirements for the Mars and Venus launches. Two general ap-

proaches can be used to achieve this reduction in population. The first assumes

that the lander can be dry-heat sterilized. The second approach allows for a
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limited number of components, materials, or subassemblies of the lander which

are therrnolabile; the major portion of the lander will still be dry-heat steriliz-

ed. For a totally heat sterilizable lander, the only unique assembly facility

requirement is the inclusion of a dry-heat oven capable of accepting the assem-

bled lander. This facility is ultimately visualized as two buildings - one within

the other. The exterior building for environmental protection consists of ap-

proximately 16,800 ft2 and the internal building of approximately 12,000 ftZ

having areas designated for the following functions:

I. Receiving and acceptance room (class II area) (see table 42) in which

received goods are unpacked, grossly cleaned, and tested for compliance with

specifications

2. Clean-up and packaging room (class II area) in which accepted hard-

ware undergoes a more elaborate clean-up procedure and ultimate packaging

into certified sterile polyethylene bags to be heat-sealed before storage. Articles

will be bagged under hoods of class IV characteristics.

3. Storage room ( class II area) for storage of components while awaiting

receipt of all items necessary to complete subassemblies and final assemblies.

4. Major assembly room (class llI area), a large area of approximately

3600 ft2 in which multiple spacecraft will simultaneously be assembled.

5. Hardware monitor room devoted to equipment used for monitoring the

cleanliness and biological status of assembly facility, efficiency of cleaning

operations,and physical and biological results of all sterilization processes.

6. Personnel lockers and changing rooms adequately designed to permit

efficient flow and suitable preparation of personnel while maintaining adequate

safeguards to minimize contamination in the work areas.

7. Ground support equipment room to house all necessary electronic and

test mechanical apparatus associated with spacecraft check-out and an isola-

tion corridor protruding into the assembly area to permit test equipment access

to any of several spacecraft being assembled. Sealed plug-in leads will permit

attachment of test equipment to the craft without endangering cleanliness of the

assembly area.

8. Dry-heat oven (20 by 20 by 20 feet), to heat the spacecraft to a tempera-

ture of 135°C for 24 hours. The control timer will be initiated by a sensor in

the chamber or attached to the surface or be placed within a thermometer well

of the lander. If the chamber temperature is used as a guide, suitable heat

lag data will be required to assure that the entire load has been at the proper

temperature for the full 24 hours.
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It is probable however that the lander vehicle will not be completely dry-heat

sterilizable. Several of the subsystems, particularly the scientific instruments,

may be damaged by exposures to the dry-heat cycle. In this case, a second

sterilization technique and associated facility is offered. This facility is com-

prised of two buildings, one within the other. The outer building will provide

environmental protection and tempering of external influence upon the inner

building, and will be approximately 20,000 ft 2. The interior building of this

facility will be approximately 15,000 ft2 and will include the following areas:

I. Receiving and acceptance room (class IX area) in which received goods

are unpacked, grossly cleaned and tested for compliance with specifications.

2. Clean-up and packaging room (class II areal in which accepted hard-

ware undergoes a more elaborate clean-up procedure and ultimate packaging

into certified sterile polyethylene bags to be heat-sealed before storage. Arti-

cles will be bagged under hoods of class IV characteristics.

3. Storage room (class IX area) for storage of components while awaiting

receipt of all items necessary to complete subassemblies and final assemblies.

4. A sterilization barrier area housing multiple sterilization equipment

including radiation sterilization equipment.

5. A receiving and transfer corridor for sterile items.

6. Major assembly room (class ILl area), a large area of approximately

3600 ft2 in which multiple spacecraft will be assembled simultaneously.

7. Ground support equipment room, to house all necessary electronic and

mechanical apparatus associated with spacecraft check-out. An isolation cor-

ridor protruding into the assembly area will permit test equipmentaccess to any

of several spacecraft being assembled. Sealed plug-in leads will permit attach-

ment of test equipment to the craft without endangering cleanliness of the as-

sembly area.

8. Dry-heat, ethylene oxide sterilizer (20 feet by 20 feet by 20 feet).

9. A sterile assembly room (sterile area) for sterile reassembly of the

lander vehicle after sterilization.

I0. Hardware monitor room, devoted to equipment used for monitoring

the cleanliness and biological status of the assembly facility, efficiency of

cleaning operations, and physical and biological results of all sterilization pro-

cesses.

Ii. Personnel lockers and changing rooms, adequately designed to permit

efficient flow and suitable preparation of personnel while maintaining adequate
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safeguards to minimize contamination in the work areas.

• J.1- _1
12. A sult;-g.... _"._m,'_%_. _.owers for preparing personnel entering the

sterile room.

The specialized sterilization equipment includes:

1. A dry-heat ethylene oxide sterilizer, 20 feet wide by 20 feet deep by

Z0 feet high. The unit would be capable of accommodating l0 feet diameter

landers through any of three doors. Doors will be 15 by 15 feet. Each door

will have sight glass observation points. Vessel and doors will be capable of

withstanding loads imposed during either dry-heat or ethylene oxide proces-

sing. The vessel interior will be nickel-copper alloy or types of stainless

steel. Interior lighting will be provided by external sources through gas-tight

sight glasses in ceiling and doors. High velocity fans will be placed on the

interior of the vessel to force circulation of heated-air or ethylene oxide mix-

tures. Process controls and recording instruments will monitor sterilization

cycles described below:

a. Dry heat, to attain temperature of 135°C, maintaining it for Z4

hours. A control timer will be initiated by a sensor in the chamber space or

attached to the surface or placed within the thermometer well of the lander.

If chamber temperature is used as guide, suitable heat lag data will be required

to assure that the entire load has been at temperature for 24 hours.

b. Ethylene oxide, the cycle will employ ethylene oxide mixed as

IZ percent ethylene oxide and 88 percent freon-12 in an atmospheric pressure

process to minimize stress on doors and walls of vessel. Several partial

vacuums will be drawn to elute air; the process will not start timing until con-

centration of ethylene oxide exceeds 300 milligrams per liter as measured by

an infrared analyzer calibrated with standardized gas which has been checked

with a gas chromatograph. The temperature will be II0°F and the relative

humidity will be 40 percent.

c. A double-door dry-heat sterilizer recessed on two walls with a

sealing flange on the exit side, with mechanical convection incorporated, nickel

clad interior, Z feet wide by 3 feet high by 4 feet deep, either electrically or

steam-heated will be used. The exposure timer will be adjustable from 1

to 48 hours and temperature control will be adjustable from 80 to 180°G.

d. A double-door steam autoclave recessed on two walls, with a

sealing flange on the exit side (24 inches wide, 36 inches high, and 48 inches

deep) will be used. The control system will employ an automatic, high-vacuum,

hard-goods cycle and a high-speed liquid cycle. The interior of the vessel will

be nickel clad. This facility will require steam at 60-1b pressure at a maxi-

mum rate of 360 lb/hr. Water at 70°F will be used at 5 gpm. Drain and vent

services shall be provided as well as ll5-volt AC, 15-amp , 60-cycle electrical
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service.

e. A double-door, ethylene oxide sterilizer, recessed on two wails

with a sealing flange on the exit side (24 inches wide by 36 inches high by 48

inches deep) will be required. This facility will be designed to use 12 percent
ethylene oxide and 88 percent freon-12. The vessel will have a nickel clad

interior. The facility requires the use of water at 70°F at 5 gpm, steam at

60-1b pressure at 5 lb/hr and ll5-volt, AC, 15-amp, 60-cycle electrical

service. An atmospheric vent is required.

f. A double-door formaldehyde methanol spray-wash unit with a seal-
ing flange on the exit side, recessed on two walls(Z4 inches wide by 36 inches

high by 48 inches deep) will be used, The facility will have a nickel clad in-

terior and be designed to use formaldehyde vapors or methanol formaldehyde

liquid under a controlled temperature. The facility requires use of water at
70°F at 10 gpm, and a formaldehyde methanol reservoir.

g. A special subsurface radiation facility will use a "hot" isotope as
a radiation source to allow radiation sterilization of certain types of thermo-

labile components. By designing all sterilizers with identical dimensions,

uniform interior equipment can be used. A considerable amount of special

purpose assembly and support equipment will be necessary for moving, check-

ing, and testing the landers being assembled. A schematic diagram of the

proposed facility is shown in figure 147.

Equipment associated with monitoring and other functions is described in
the Pilot Plant Section (7.7).

7.3 Procedures for Sterilization of a Lander Not Entirely Heat Sterilizable

1. Low burden of contamination (microorganisms and detritus) components

and subassemblies are classified according to their abilities to undergo sterili-
zation (see table 43 for the classification).

2. The components and subassemblies are cleaned, packaged, and stored.
The microbiological load is checked.

3. The components and subassemblies are then sterilized by dry heat,
steam, ethylene oxide, radiation, or chemicals {methanol-formalin, etc. ),

according to their sterilization classification. After sterilization, microbio-

logical monitors are assayed for sterility.
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TABLE 43

CLASSIFICATION SYSTEM BASED PRIMARILY UPON

HEAT SENSITIVITY OF PARTS AND COMPONENTS

1. Non-heat sensitive

(can take more than three cycles at 135°C for 24hours) with sterile or unsterile interior,

1.1 Cleanable by ultrasonic (exterior)

I. 2 Cleanable by other technique.

i. 3 Cleaned at manufacturer.

2. Partially heat sensitive (can take two cycles at 135°C maximum for 24 hours) with sterile

or unsterile interior.

3.

4.

2. I

2.2

2.3

Subject to

3.1.1

3.1.2

3.1.3

Exterior cleanable by ultrasonic.

Exterior cleanable by other technique.

Exterior cleaned at manufacturer.

heat ageing (cannot take more than one cycle at 135°C maximum for 24 hours)

Sterile interior-exterior cleanable by ultrasonic.

Sterile interior-exterior cleanable by other technique.
Sterile interior-exterior cleaned at manufacturer

3.2.1.1

3.2.1.2

3.2.1.3

Unsterile interior (can be penetrated by ETO)

Exterior cleanable by ultrasonic.

Unsterile interior (can be penetrated by ETO)

Exterior cleanable by other technique.

Unsterile interior (can be penetrated by ETO)
Exterior cleaned at manufacturer.

3.2.2.1 Unsterile interior (cannot be penetrated by ETO)

Exterior cleanable by ultrasonic.

3. _o Z. Z Unsterile interior (cannot be penetrated by _TO)

Exterior cleanable by other technique.

3.2.2° 3 Unsterile interior (cannot be penetrated by ETO)

Exterior cleaned at manufacturer.

Heat sensitive (cannot take one cycle at 135°C maximum)

4. 1.1 Sterile interior-exterior cleanable by ultrasonic.

4. 1. Z Sterile interior-exterior cleanable by other technique.

4. 1.3 Sterile interior-exterior cleaned at manufacturer.

4.2.1.1

4.2.2.2

4.2.1.3

4.2.2.1

4.2.2.2

4.2.2.3

Unsterile interior (can be penetrated by ETO)

Exterior cleanable by ultrasonic

Unsterile interior can be penetrated by ETO)

Exterior cleanable by other technique.

Unsterile interior (can be penetrated by ETO)

Exterior cleaned at manufacturer.

Unsterile interior (cannot be penetrated by ETO)

Exterior cleanable by ultrasonic,

Unsterile interior (cannot be penetrated by ETO)

Exterior cleanable by other technique.

Unsterile interior (cannot be penetrated by ETO)
Exterior cleaned at manufacturer.
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4. The componentsand sub-assemblies are then assembled, checked out,

and monitors are assayed. The assembly area is white type where not more

than I00 microorganisms/ft z will settle out from the air in I houi=.

5. The assembled lander is then packaged (put in a protective can) and

placed in a combination gas-dry-heat sterilizer (terminal sterilization). Com-

ponents which are thermolabile will be removed before canning and sterilized

by other techniques, e.g., ethylene oxide, radiation, or chemicals.

6. The canned lander is removed from the sterilizer directly into the

sterile assembly area. The thermoiabiie components and subassemblies are

then reassembled into the sterilized lander. The lander is "checked out" and

monitors assayed. Individuals who work in these areas are to be completely

enclosed in barrier suits and allowed access only through a sterile lock.

7. Terminal dry-heat sterilization times and temperatures currently

recommended are

Mars: 24 hours at 135°C.

Venus: 21 hours at 135°C.

7.4 Personnel and Training

A workshop training program of 4 to 5 weeks duration will be designed to

impart basic and applied information concerning required procedures in both

clean room and sterile techniques. The course will be flexible and more ex-

tensive for those personnel selected to complete final assembly operations

within barrier suits in sterile rooms. The course outline may be somewhat

as follows:

I. Basic bacteriology -- course and workshop. A brief introductory pro-

gram designed to acquaint members with identification, habits, size, growth

characteristics, and transmission of microorganisms.

Z. Basic clean room procedures. (Courseandworkshopdesignedto acquaint

personnel with existing state-of-the-art developments starting with fundamentals

of cleanliness based upon particle size. Workshop will demonstrate techniques

for obtaining and measuring level of cleanliness.

3. Aseptic procedures - workshop. Designed primarily for final assembly

technicians to assay their ability to work under the restrictions imposed by the

high degree of cleanliness and/or sterility required in the final assembly facil-

ity. This will include work with open table tops, partial closures, and typical

clean room benches.
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4. Personal conduct and preparation for entry -- workshop. Designed to

acquaint operating personnel with the proper techniques of decontamination

and subsequent gowning and attendant procedures to introduce themselves into

the working environment.

5. Sterile hood operation - workshop. Designed to familiarize personnel

with sterile hood operation and to evaluate their ability to work within complete

barrier systems of the type generally described as sterile hoods.

6. Sterile assembly within sterile room - course and workshop. This

program will be made available only to previously qualified personnel and limi-

ted to those operators specifically designated for final assembly operations.

This course and workshop will include the suit-up procedure and introduction

of operators through sterilizing baths into sterile room and all attendant pro-

blems associated with prolonged work in this environment.

7. Monitor systems - course and demonstration. This course will be used

to acquaint all personnel, and particularly supervisors, with the techniques

used to monitor and clean sterile areas and all sterilizer operations.

Throughout the period of training, the evaluation of the ability of the opera-

tor to distinguish between "clean" and "sterile" operations, as well as his abil-

ity to work in a manner consistent with maintaining these conditions, will be

assayed and scored.

The above training program can be conducted by qualified personnel either

at the final assembly facility or in a mock-up pilot plant facility (see section

7.7). The latter approach has the advantage of concentrated effort which

can possibly shorten the overall training period and produce effective personnel

in less time than the half-day training sessions which may be conducted in the

final assembly facility. All of the associated equipment necessary for training

will be available for workshop use at a pilot facility, while the equipment will

not be as readily available in the final assembly facility.

7. 5 Monitoring Procedures Control, and Sterilization Certification

Of necessity, the demonstration of spacecraft sterility must be done in an

indirect manner. This is accomplished through a pilot plant study of the entire

sterilization process and monitoring of the components, subassemblies, and

fully assembled vehicles, as they are processed in the final assembly and sterili-

zation facility.

A Central Sterility Control (CSC) Group will be created and receive author-

ity and responsibility for establishing systems of parts identification and con-

trol, including documentation. This is to include all flight hardware, tools,

clothing and personnel. This group will monitor all incoming material,
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sterilizer operations, work areas, and personnel as detailed below.

The statistical backup of the sterilization procedureR will have tc be

....... u frum thermal and chemical death curves with adequate checks within

the materials handling system to assure meeting the specified conditions. All

sterilizer operations will be monitored with physical indicators and recorders

as well as biological controls. All sterilized subassemblies will be quarantined

7 days to await the outcome of the biological assay. If unsatisfactory, the

material will be reprocessed. The evidence used to support the various tech-

niques will be an applied extension of classical kill curves, some of which are

yet to be firmly established. A system of double check-offs would further mini-

mize any chance of error in the process operations and recording.

Techniques to be employed for monitoring include the use of swabs, plate

counts, air sampling, and spore controls designed to test for a large spectrum

of microorganisms. The records obtained and logged by Central Sterility

Control will become the evidence of performance and assurance of attainment

of the facility objective.

It is expected that the sterilization pilot plant runs will yield information

concerning the number of samples required to determine the level of sterility

attained and the anticipated contamination ranges. This information will be

used to establish statistics and procedures for the full-scale sterilization and

a s s embly facility.

Checks on maintenance of sterility of items in scaled bags can be perform-

ed with detectable gases, or immersion with observation of bubbles. The leak

rate can be correlated to pore size under the pressure differential established

and an acceptable limit established to correspond with the size of a bacterium.

Wetting agents in the solution will assist effectiveness. Helium, or argon, as

the inert gas could be employed within the package. One recommended system

for entry into the sterate assembly room requires the operator to don a com-

plete barrier suit and enter through a liquid germicidal trap. The suit carries

two hoses, one for air supply and the other for air exhaust. For communica-

tion, either a head set radio or wire communications through the lumen of the

hose will suffice. The suit being positively sealed can be presented while the

operator is in the germicidal bath. Any sign of leaks will require a suit change.

A second observation will be conducted upon exit from the sterile assembly

room and any leak manifested after performance of a task would require the

day's assembly to be undone and the room and disassembled components gas-

sterilized. All suits are leak tested at entry to the baffled germicidal liquid

trap. Lintless towels, sterilized and sealed in polyethylene bags, are

brought through with the operator. A sterile water shower in the sterile room

prevents germicide from contacting the assembly. The towels will be used to

dry off the suit after emergence within the sterile assembly room.

The "buddy system" shall be used on all entries and two operators, one

from central sterilization control and the other from "traffic control", will
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observe all entries and exits to certify tightness of suits as a safety measure.

7.6 Techniques and Procedures for the Maintenance of Sterility

V

Before the lander is placed in the large oven for terminal sterilization,

it is completely enclosed in a sterilization can. The can will protect the lander

from subsequent contamination and will also aid in its handling. If thermol-

abile parts have been removed and sterilized by other techniques, the steriliza-

tion can is removed and these items are replaced. This entire operation is

completed within the sterile assembly area where the lander is checked out

and monitored microbiologicallybefore the sterilization can is replaced. A

cartridge of compressed sterile gas is then released within the can, providing

a positive outward pressure such that any leakage will not permit the entry of

microorganisms. Ground support equipment will be designed to adequately

sterile conditions within the can during transportation. All lifting and moving

operations are to be performed with great care. A recorder will be attached

to the sterile can to monitor changes in pressure that may occur as a result

of environmental conditions, i. e. , a cold night may contract the gas sufficiently

to create a negative pressure.

Should an inward leak be recorded, a mobile ethylene oxide facility or a

duplication of the large terminal sterilization facility is desirable insurance at
the launch site.

Through the orbiter-lander interface, all electrical connections will be

hermetically sealed, polarized connectors. Surface attachments to the lander

"can" present no hazard. If the "can" is to be entered, it must be returned to

the terminal sterilization facility for surface sterilization with ethylene oxide

both before and after entry.

7.7 Sterilization Pilot Plant

It is strongly recommended that a pilot plant facility be erected, as soon

as practicable, in which operating procedures may be developed and certified

to meet the sterility objectives. This facility can be used to study the follow-

ing:

1. Establishment of the sequence of operations

2. Development of monitoring procedures

3. Generation of statistics concerning (a) normal loads of microorganisms,

and (b) effects of varying techniques of total processing (manufacturing,
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handling, cleaning, etc. )

4. Establishment and initial operation of control and records procedures

5. Training and selection of personnel for assembly, control, monitoring,

and supervision

6. Provision of data for purchase specifications of components and sub-

assemblies

7. Acquisition of initial data on the costs of operating sterilization facili-

ties

8. Destructive microbiological testing of representative components and

subsystems to substantiate the recommended procedures

9. Refinement or improvement of the specifications for a full-scale

sterilization facility.

Such a Pilot Plant will contain the following areas:

i. Entry and cleanup room -- an area used for receiving and personnel

clothing change

2. An assembly room to be maintained under class II clean room condi-

tions with work benches capable of maintaining class III or class IV cleanli-

ness standards. Access will be permitted only to suitably garbed personnel.

3. A sterile room -- for sterile assembly operations. Entry of all equip-

ment will be through sterilizers and all personnel will be in complete barrier

systems.

4. Suit up room -- a special room for changing clothing for ultimate en-

trance into the sterile room.

5. Monitor room -- so situated that samples can be obtained from the

assembly room and the sterile room without disturbing operations in either

of these rooms.

Hardware to be used in conjunction with the above pilot plant facility should

include the following items:

I. A Royco particle analyzer. This will be reusable in any final assembly

facility.

2. Relative count particle analyzers, 3 units. Reusable.
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4.

5.

units.

6.

Ultrasonic cleaner system with 12-by 2Z-inch chamber. Reusable.

Polyethylene bag sealer. Reusable.

Temperature-indicating recorders with six thermocouples. Two
Reusable.

Bacteriologic monitoring apparatus such as incubators, plate counters,

microscopes, millipore aerosol analyzer units and miscellaneous hardware

necessary for monitoring sterility. Reusable.

7. Air compressor for complete barrier suits. Reusable.

8. Barrier suits, complete isolation type with lead-out hose assembly.

Expendable.

9. Chromatograph for gas and vapor analysis. Reusable.

10. Class IV type work benches and/or hoods. Two units.
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8. RELIABILITY ANALYSES

8. 1 introduction

In performing unique engineering and scientific tasks, Voyager spacecraft

and their highly complex subsystems will be faced with a variety of potential

reliability problems. Long term, frequently cycled operation and storage in

hostile and poorly defined environments present problems which must be solved

to assure a high probability of mission success. The reliability burden is fur-

ther aggravated by the fact that only a few spacecraft will be built to be used

during the limited number of favorable launch opportunities. Reliability studies
in advance of the definitive design phase must show that acceptable levels of re-

liability can be attained.

Three major objectives have been established for introducing reliability

efforts in this phase of the program. The first major objective was to ascer-

tain that the program goals were economically feasible with the achievable re-

liability. In making this determination, it was necessary to {I) estimate in ad-

vance of the conceptual design the reliability feasible for the spacecraft; (2)

establish the reliability goals necessary for the fulfillment of program objec-

tives; (3) determine that the cost of launch configurations necessitated by the

program goals, and the associated reliability levels, were reasonable.

The second major objective was to participate in the conceptual spacecraft

design, recommending the most reliable approaches. In carrying out this

objective, itwas necessary to (1) apportion the spacecraft reliability goal among

the various subsystems and components; (2) make reliability estimates of the

subsystems to identify those weak links where the design reliability potentials

would fall short of their goals; (3) perform engineering and redundancy improve-

ment analyses on the identified weak links to recommend engineering guidelines

for their reliability improvements; and (4) perform relative reliability analyses

for the use of reliability as a criterion for choice among design alternatives.

The third major objective was to provide adequate planning for reliability

efforts in subsequent program phases. In order to devise a comprehensive re-

liability plan, it was necessary to (1) establish a reliability philosophy for the

Voyager Program; (2) convert this philosophy into a framework of workable

controls throughout the program; (3) evaluate the role and scope of each relia-

bility effort required throughout the program and to recommend an organization

to implement the scale of reliability effort required for the Voyager Program;

(4) evaluate a full-scale reliability program in terms of its cost effectiveness;

and (5) work out a demonstration philosophy and plan to assure the Voyager Pro-

gram will meet its reliability goals.
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The results of this work are reported in the following pages. Further dis-

cussion of reliability considerations is found in an appendix, "Reliability versus
Cost"; in Vol. II, Scientific Mission under mission evolution; in Vols. IV and

V in design considerations of the various subsystems; and, finally, Vol. VI in-

cludes the reliability development plan.

8.2 Technical Aspects of Reliability

In this section, the technical reliability contributions made during the con-

ceptual spacecraft design phase are comprehensively reviewed. The area of

reliability estimation supplies a basic input needed to evaluate the fulfillment

of program objectives and to analyze reliability versus cost. Reliability goals

were allocated to the spacecraft subsystems to provide a basis for initiating

reliability improvements. Preliminary reliability improvement guidelines have

been established to achieve the specified levels of reliability. The reliability

evaluation of alternate design concepts is briefly treated. The role of reliability

as it affects the technical effort in the later phases of the Voyager Program is

also described. The key elements of reliability control have been identified to

assure the reliability efforts considered necessary to fulfill program require-

merits. A method of reliability demonstration and verification was devised to

provide a means for satisfactorily proving that reliability goals are achieved.

Finally, the critical reliability problem areas are indicated.

1. Reliability estimation. To determine the probabilities of fulfilling the
Voyager Program objectives, the reliability capabilities of the spacecraft had

to be evaluated. Based on conceptual design information, an analysis was per-

formed to estimate the reliability of the Voyager spacecraft for several Mars/

Venus mission types and mission segments. The study, which assumed that

total mission success was required for the first launch, evaluated the failure

contribution of the various spacecraft subsystems during their period of usage.

The subsystem reliability predictions were factored into appropriate mathe-

matical models to determine the probability of mission success.

Since the total mission success requirement was an unreasonable constraint

to fulfilling the Voyager Program objectives, the spacecraft reliability estimates

were reevaluated allowing for partial mission success. This aspect of the study

evaluated the contribution of each mission segment to the success of the mission

type considered and the related probability of mission completion. The latter

reliability estimates included the projected effects of a reliability program de-

signed to accomplish a sequential decrease in the spacecraft failure rate.

a. Principal limitations. At the time the spacecraft reliability analy-

sis was performed, the principal limitations were as follows:
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l) The reliability analysis was performed concurrently with

subsystem design. Frequently the estimates had to be made on the basis of

conceptual designs, subject to change. However, these changes are expected

.............. =fence will result in the spacecraft relia-to be compensating _o that 1;++_ e _:rr_

bility e stimate.

2) The lack of a firm mission profile for the subsystems was

another limitation of the study. Since reliability is a time-dependent, probabil-

istic expression, 1 any changes in the mission time of a subsystem would modify

its reliability estimate. As in the previous case, this effect on the reliability

prediction at the spacecraft level would be minirnurn.

3) The availability of failure rate information for most components

used in the space environment is quite limited. When available, these data

often indicated wide variations in the failure rate experience of similar com-

ponent types. To compensate for these deficiencies, a number of failure rate

sources were examined to assure the selection of the most realistic failure rates

available.

b. Major assumptions. The following major assumptions were es-

tablished prior to performing the reliability analysis:

1) Except as noted, series operation was assumed for the space-

craft subsystems and their components. Therefore, successful operation of

the spacecraft was assumed to be dependent upon nonfailure of any element in

the spacecraft. 2

2) The components used in the reference subsystem designs

were assumed to have the most realistic failure rates of current off-the-shelf

missile and space components. Thus, these failure rates represent the present

reliability of components used in the space environment. However, to attain

even this level of component reliability will require a comprehensive reliability

program.

3) It is expected that further improvements in the current state

of the art of these components will raise the level of their reliability by the

time the Voyager Program goes into the hardware phase. These anticipated

improvements were assumed to more than compensate for uncertainties in the

selection of component failure rates, as well as to assure the attainment of a

high level of reliability growth.

4) It was assumed that a full-scale reliability program would be

continued after the first Mars/Venus launches to maintain sequential reliability

g r owth.

IExcept in the case of one-shot items such as solid rockets.

2Successful operation of the spacecraft is defined as the satisfactory functioning of its various elements such that accuracy
and performance requirements are achieved.
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c. Prediction technic_ues. The following failure distributions were

adjudged applicable to the general types of equipment used in the spacecraft:

I) For one-shot devices, e.g., solid rockets, the binomial fail-

ure distribution was applied.

2) For time-dependent equipment, e.g., electronic components,

the exponential failure distribution was applied.

The exponential and binomial failure distributions incorporate both initial

start-up and continuous operation survival probabilities during equipment use.

1) Active element Stoup (AEG) method. An AEG consists of a

transistor or electron tube with its passive network; an average AEG failure

rate of 3. 19 x 10 .6 failure per hour has been observed in the space environment

(ref. 1 1).

2) Parts count method. Failure rates were extracted from the

appropriate failure rate data sources and assigned to the various parts/com-

ponents used in the equipment.

3) Structural reliability method. The reliability of a structural

element, such as a heat shield, was estimated by a failure mode and safety

factor analysis of the structure.

4) Test data method. The evaluation of some devices was accom-

plished by the analysis of available test data; reliability values computed by this

method were specified at various confidence levels.

d. Bases for reliability estimations. Since there were limitations in

the design detail and failure rate availability, the subsystem reliability esti-

mates were based on several types of reliability assessments. The bases for

the reliability estimates are discussed below.

1) Comparative subsystem reliability assessment. The reliability

estimates were based on the reliability appraisal of a comparable subsystem

intended for use in another space program.

2) Similar subsystem reliability assessment. The estimate was

based on a reliability analysis conducted for a similar subsystem.

3) Reference design subsystem reliability assessment. In this

case, the assessment was made by appraising the reliability of a reference de-

sign which closely approximates the Voyager subsystem.

4) Functional subsystem reliability assessment. The prediction

was based on a reliability analysis of the subsystem design as conceived by

Avco at the time.
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5) Legislated subsystem reliability assessment. The reliability

estimate is legislated by the customer. A case in point is the orbiter and lander

scientific payloads which were legislated a reliability of 1,0 by NASA.

Table 44 lists the various spacecraft subsystems, their reliability esti-

mates, and the reliability assessment type employed. Where appropriate, the
prediction technique utilized is also noted. As indicated in the table, one of

the subsystem reliability estimates was based upon a combination of assess-
ments.

e. Mission reliability estimates. The reliability of the Voyager
spacecraft was predicted for several Mars/Venus mission types and mission

segments. Total mission success, i.e., return of 100 percent of the engineer-

ing/scientific information sought, was used as a criterion for the first launch.

The reliability estimates were determined using the techniques and bases des-

cribed. The subsystem reliability estimates were factored into appropriate

mathematical models to predict the reliability of the various mission segments

and mission types. Table 45 presents these latter reliability estimates for the

first Mars launch {excluding the booster reliability}, together with the associ-

ated mathematical models. Table 46 gives similar reliability estimates for

the first Venus launch and related mathematical models. The Voyager mission

reliability profile for the first Mars launch is depicted graphically in figure 147.

A review of table 45 and table 46 indicates rather low levels of mission

reliability, primarily attributable to the requirement for total mission success. 3

With these predicted reliability levels, the present Voyager Program objectives
would not be fulfilled unless there were a substantial increase in the number of

launch attempts and/or an unacceptable compromise in the program objectives.

Therefore, the total mission success requirement was deemed unreasonable

and the reliability capabilities of the spacecraft were reevaluated, allowing for

partial mission success. In this aspect of the study, each mission segment was

evaluated to determine its contribution to the total success of the mission type

considered. The probability of successfully completing each m_ssion segment

was next estimated throughout the Voyager Program {table 47), assuming the

projected effects of a reliability improvement program. 4 These f_ctors were

then combined using an expectation technique, to determine the probabilities of

fulfilling the Voyager Program objectives. These results were used in select-

ing the cc.mbinations of orbiters and landers for each launch opportunity as part

of the mission evolution discribed in Vol. II, Scientific Mission Analysis.

f. Projected reliability _rowth. The anticipated rate of reliability

growth assumed for the Voyager Program was determined after evaluating the

3That is, 100 percent _uccess is required or the mission isrermed a failure.

4The mission teliabillty estimates for the first Mars/VemJs lauH_ h were the same as those predicted .a,ler the total mission

success ground rules.

-296-



projected growth rate of several missile and space reliability programs. The

magnitude, scope, and objectives of these programs was examined in light of

the reliability effort required for the Voyager Program. Of the various pro-

grams reviewed, one in particular -- the Apollo Program -- was felt to have a

reasonably sufficient rate of reliability growth (ref. 12). Since the Apollo Pro-

gram is a shorter mission life, manned space venture with opportunity for

operator redundancy the growth rate was conservatively modified to compensate

for the expected adverse conditions to be encountered by Voyager. All factors

considered, 5 itwas assumed that an average annual 25 percent reduction in the

Voyager spacecraft failure rate could be achieved through the implementation

of an effective reliability program, utilizing failure information from both tests

and operational missions to produce sequential reliability growth. The details

of the planned Voyager Reliability Program and presented in Vol. VI, Develop-

ment Plan. The key elements of reliability control for this program are thorough-

ly discussed in section VII. D, Reliability Assurance Controls.

2. Allocation of reliability _oals. Reliability apportionment may be de-
fined as the allocation of numerical reliability goals to the various subsystems

comprising the Voyager spacecraft, such that the overall spacecraft reliability

requirement is fulfilled. Since the apportionment relates the reliability of the

spacecraft to that of its subsystems, it is an invaluable tool to the designer.

These allocated goals provide him with a numerical guide to the degree of sub-

system reliability needed to fulfill the spacecraft requirement. The magnitude

of the allocated values compared to estimated values indicates the feasibility

of achieving the necessary subsystem reliability using existing designs for the

intended missions. Furthermore, the comparison identifies those portions of

the spacecraft which are potential weak links so that reliability improvements
can be initiated.

a. Spacecraft reliability goal. In the absence of a contractual relia-
bility requirement, a tentative spacecraft reliability goal of 0. 833 was estab-

lished. This goal was determined after an evaluation of the mission success
criterion for the first Mars/Venus launch 6 and the level of reasonably attainable

booster reliability. Based on preliminary Mars/Venus program objectives 7

of at least 4 successful Mars lander missions out of 8 launch attempts and at

least 5 successful Venus orbiter missions out of 10 launch attempts, the success
criterion for the first launch was concluded to be 0.50. A realistic assessment

of booster reliability state of the art indicated that a reliability level of 0.60

could reasonably be assumed for the Saturn launch vehicle (ref. 13). The space-

craft reliability goal was then calculated using the following model:

5Consideration was given to such factors as component state-of-the-art improvement and development (including
micromodules, integrated microcircuits, cryogenics), use of Minuteman (and later) high-reliable parts, and corrective
action resulting from test/use failure analys*s.

6 • •

The primary emphams for the Mars missions was on the success of the lander, while that for the Venus missions was
associated with orbiter success.

7These initial program objectives were later revised to those given in Vol. II, Scientific Mission Analysis.
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TABLE 44

SPACECRAFT SUBSYSTEM RELIABILITY ESTIMATES

AND RELIABILITY ASSESSMENT TYPE EMPLOYED

Spacecraft Subsystem Reliability Reliability Assessment Type Employed 2

Estimates 1

O-B Propulsion

O-B Guidance

O-B Attitude Control

O-B Power Source

O-B Communications

O-B Thermal Contr.!

O-B Structure

O-B Separation (Boosterl

L-B Separation

L Structure

L Crushup

L Thermal Control

L Erection

L Power Source

L Heat Shield

L Communications

(Direct)

L Propulsion

L Attitude Control

L Span Up

L Descent Equipment

L Sterilization

L Scientific Payload

b Deployment Mechanism

h Enginee ring Instru-

mentation

O Scientific Payload

O Engineering Instru-

mentation

0.901

0.850

O. 966

0.954

0.904

0.995

0.997

> 0.999

> 0.999

Ref_ce Dc=IM,* A_=ssment (Parts Count

Method)

Reference Design and Similar Assessments

(Parts Count Method)

Similar Assessment (Parts Count Method)

Comparative Assessment

Functional Assessment (Active Element Group

Method)

Comparative Assessment

Comparative Assessment

Functional Assessment (Parts Count Method)

Functional Assessment (Parts Count Method)

L-O Relay Communica-

tions

0.997

0.999

0.995

0.999

0.9Z4

O.999

0.9Z0

0.97Z

0.998

Comparative Assessment

Functional Assessment

Comparative Assessment

Functional Assessment (Parts Count Method)

Functional Assessment (Parts Count Method)

Reference Design Assessment (Structural

Reliability Method)

Functional Assessment (Active Element Group

Method)

Functional Assessment (Test Data Method)

Comparative Assessment

>0. 999

0. 995

>0. 999

1.0

0.991

0. 995

1.0

O. 995

0.975

Functional Assessment

Functional Assessment (Parts Count Method)

Legislated Assessment

Legislated Assessment

Functional Assessment (Parts Count Method)

Functional Assessment (Parts Count Method)

Legislated Assessment

Functional Assessment (Parts Count Method)

Reference Design Assessment (Active Element

Group Method)

IThese subsystem reliability estimates, which include the intransit reliability of the

spacecraft, are associated with a Zl-day orbiter mappin_ mission and a Z4-hour lander

experimentation mission.

ZThe various reliability assessment types are the bases for the subsystem rel(ability

estimates. The associated prediction technique utilized is shown in parentheses,

wh?re appropriate.

L- Lander

O- Orbiter

B - Bus
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TABLE 47

M-&RS-VENUS MISSION RET;IABILITY GRO-WTH ESTIMATES

(Excluding Booster Reliability)

I. Mars Missions Calendar Year

1.

o

Orbiter Mapping

a. 1 Day

b. 70 Days

c. 180 Days

Lander Experimentations

a. 1 Day

b. 30 Days

c. 180 Days

1969 1971 1973 1975

0.644 0.803 0.896 0.946

0.596 0.77Z 0.878 0.937

0.47Z 0.685 0.8Z8 0.910

1969 1971 1973 1975

0.614 0.783 0.885 0.941

0.601 0.775 0.880 0.938

0.571 0.756 0.869 0.933

II. Venus Missions Calendar Year

1. Orbiter Mapping

a. 1 Day

b. Zl Days

c. 60 Days

Lander Experimentations_e

1970 197Z 1973 1975

0.644 0.803 0.848 0.9Zl

0.638 0.799 0.845 0. gz0

0.604 0.777 0.828 0.909

1970 197Z 1973 1975

0.6Zl 0.788 1 1

1 Since there is no firm basis for direct entry lander reliability esti-

mates, no growth figures are shown for these years.
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R L = R S • R B

R L

where

R S = the reliability of the spacecraft

R_ = the reliability goal for the spacecraft

R L = the mission success criterion for the first Mars/Venus launch

R B = the reliability of the Saturn booster.

From tables of the negative binomial distribution, the probability of 4 or

more successful Mars landers out of 8 attempts and 5 or more successful Venus

orbiters out of 10 attempts was determined to be 0.64 and 0.62, respectively.

The probability of X or more successful missions for varying Mars/Venus pro-

gram objectives and mission success criteria is shown in figure 148 for the

lander and figure 149 for the orbiter. These figures also disclose the degree

of spacecraft reliability needed to achieve these objectives and criteria for a

fixed level of booster reliability equal to 0.60. It is interesting to note that

even with a spacecraft reliability of 1.0, the reliability of a single Mars/Venus

launch attempt (for the first launch) cannot exceed 0.60 because of the launch

vehicle reliability limitations.

b. Subsystem reliability goals. Given a spacecraft reliability goal,

the next step was to allocate reliability goals at the subsystem level. The ap-

portionment of subsystem reliability goals was initially accomplished by a

qualitative evaluation of such pertinent mission-design factors as relative com-

plexity, mission time, relative importance {to the mission), 8 state of the art,

and environmental hazard. The mathematical model for this allocation, based

on qualitative factors, is as follows:

8The reliability apportionment considered the relative importance of the various subsystems for two Voyager missions,
one in which the primary emphasis was on the Mars lander and the other in which the primary emphasis was on the
Venus orbiter.
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5

n[ I FiJInjiR!]R_ = lI 1 - -- (1 - J

i = 1 __ Fi
- j-1

where

R_ = the reliability goal for the spacecraft

R? = the reliability goal for the i"th" subsystem
I

Fil = the relative importance of the i"th" subsystem

Fi2 = the relative complexity of the i"th" subsystem

Fi3 = the mission time of the i"th" subsystem

Fi4 = the state of the art of the i"th" subsystem

Fi5 = the environmental hazard of the i"th" subsystem.

The individual values assigned to the five factors pertaining to a particular

subsystem were adjudged on an engineering review of each subsystem. These

factors were then used in the above model to calculate the subsystem reliability

goals. The results of this reliability allocation are presented in table 48. The

range of allocated goals was intended to provide preliminary subsystem relia-

bility guidelines for use during the early part of the conceptual design phase.

This reliability apportionment was later updated by a quantitative assess-

ment of design reliability parameters associated with the failure contribution

of each subsystem. The reliability capability of the subsystems was estimated

using the techniques and ground rules described in Section VI.A. 3. The model

for the subsequent allocation, based on quantitative factors, is given below.

l 1"= 1
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TABLE 48

VOYAGER SPAC EC RAFT ALLOCATED SUBSYST EM RELIAB ILITY GOALS1

(Overall Spacecraft Reliability Goal = 0. 833)

Spacecraft Subsystem
Range of Allocated Reliability Goals

Lower Value

Orbiter-Bus Guidance 0.

Orbiter-Bus Structure 0.

Orbiter-Bus Propulsion 0.

Orbiter-Bus Communications 0.

Orbiter-Bus Thermal Control 0.

Orbiter-Bus Attitude Control 0.

Lander Scientific Payload 0.

Lander Thermal Control 0.

Orbiter Scientific Payload 0.

Orbiter-Bus Power Source 0.

Lander Deployment Mechanism 0.

Lander Erection 0.
Lander Structure

Lander Crushup
Lander Power Sources

Lander Heat Shield

Lander Attitude Control

Lander Communications 0.

.

0.

0.

0.

0.

95713

98125

98147

98285

98511

98541

98694*

98857*

99216

99334*

99357*

99524*

99550*

99643*

99679*

99857*

99872*

99886"

99905*

99966*

99971

99993*

99995*

99997*

99999*

99999*

99999*

Upper Value

Orbiter

Lander

Orbiter Engineering Instrumentation

Lander Spinup Mechanism

Lander Propulsion
Lander Sterilization

Lander Separation Mechanism

Bus Separation Mechanism

Lander De scent Equipment

Relay Communications 0.

Engineering Instrumentation 0.

0.

0.

0.

0.

0.

0.

0.

0.96000*

0.98250*

0.98425*

0.98400*

0.99444*

0.98639*

0.99753

0.99160

0.99756*

0.99643

0. 99622

0.99527

0.99669

0.99764

0.99669

0.99874

0.99987

0.99933

0.99924

0.99987

0.99981*

0.99997

0.99996

0.99999

0.99999

0.99999

0.99999

NOTE: The asterisk refers to allocated reliability goals related to

a Voyager mission whose primary emphasis is on a Mars

Lander. Those without the asterisk pertain to a Voyager
mission whose primary emphasis is on a Venus Orbiter.

1
Based on Qualitative Factor s
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where

R;

R?
1

R S

R*
1

= the reliability goal for the spacecraft

= the reliability goal for the i"th" subsystem

= the reliability estimate for the spacecraft

= the reliability estimate for the i"th" subsystem

log e R_
k =

n

logoR;
i=l

The "k" factor in the above equation is the coefficient required to adjust

the predicted (estimated) subsystem reliability values to the allocated goals.

The resultant calculations yielded the subsystem reliability goals tabulated in

table 49. For comparative purposes, predicted subsystem reliability estimates

related to the first Mars mission are also given in this table.

3. Reliability improvement suidelines. An examination of table 49 reveals

that reliability improvements will be necessary to achieve the subsystem allo-

cations. The distribution of required improvement effort was determined from

the relative failure contribution of each subsystem to the overall spacecraft.

Mathematically, the relative improvement effort required for a particular sub-

system was computed from the following equation:

log e R i
E:- × 100

J.
rl

i=l

where

E i = the relative percent of reliability improvement required for the

i "th" subsystem

R* = the reliability estimate for the i"th" subsystem.
1

Assuming an equal return for each dollar spent for reliability improvements,

such percentages can serve as guidelines for the distribution of effort to be

-311-



TABLE 49

PREDICTED AND ALLOCATED SUBSYSTEM RELIABILITY VALUES

(Overall Spacecraft Reliability Goal = 0. 833)

Spacecraft Subsystem Predicted Reliability Allocated

Estimates (Mars) Reliability Goals 1

Orbiter-Bus Propulsion
Orbiter-Bus Guidance

Orbiter-Bus Attitude Control

Orbiter-Bus Power Source

Orbiter-Bus Communications

Orbiter-Bus Thermal Control

Orbiter Bus Structure

Orbiter-Bus Separation (Booster)

Lander-Bus Separation
Lander Structure

Lander Crushup
Lander Thermal Control

Lander Erection

Lander Power Source

Lander Heat Shield

Lander Communications (Direct)
Lander Propulsion
Lander Attitude Control

Lander Spinup

Lander Descent Equipment
Lander Sterilization

Lander Scientific Payload

Lander Deployment Mechanism

Lander Engineering Instrumentation

Orbiter Scientific Payload

Orbiter Engineering Instrumentation

Lander-Orbiter Relay Communications

Joint Probability of Orbiter and
Lander Success

O. 901

0.850

O. 966

O. 954

O. 904

O. 995

O. 997

> O. 999

> O. 999

O. 997

O. 999

O. 995

O. 999

O. 924

O. 999

0.9Z0

0.97Z

0. 998

> 0. 999

0.995

> 0. 999

1.0

0. 991

0. 995

1.0

0. 995

0. 975

--0. 5O

0. 973

0. 958

0. 991

0. 988

0. 974

0. 999

> 0. 999

> 0. 999

> 0. 999

> 0. 999

> 0.999

0. 999

> 0. 999

0. 979

> 0. 999

0. 978

0.99Z

0. 999

> 0. 999

0. 999

> 0. 999

1.0

0. 998

0. 999

1.0

0. 999

0. 993

--0. 83

1Based on Quantitative Factors

-312-



expended for such improvements. Specifically, preliminary guidelines were

prepared for the types of effort required to realize the necessary reliability

improvements. The type of effort recommended was dependent upon whether

or not the incorporation of redundancy was feasible within a given subsystem.

When feasible, the number of redundant elements needed to achieve the allocated

subsystem reliability goal was determined. 9 For those subsystems which do

not lend themselves to the use of redundancy, general guidelines were suggested

for achieving the reliability goals. Table 50 presents the material pertinent

to this discussion of reliability improvement guidelines, including the relative

improvement effort allocated to each subsystem, the potential reliability weak

link, and the recommended improvement.

More detailed discussion of design improvements aimed at increasing sub-

system reliability are contained in the appropriate sections of the design

volumes (Vols. IV and V).

4. Reliability assurance controls. Reliability assurance controls embraces

many facets of the reliability effort from adequate program planning to fastidious

launch site preparation of operational equipment. However, certain key tech-

nical reliability controls, when successfully implemented, help to assure that

a high degree of inherent reliability is designed into the spacecraft. These es-

sential controls are treated, not necessarily in the order of importance, under

the following subheadings:

a. Design guidelines

b. Subcontractor efforts

c. Reliability assessment

d. Design reviews

e. Test program

f. Failure analysis.

a) Design Guidelines. By establishing a set of electronics/electro-

mechanical design guidelines for the designer to follow, a spacecraft design

can be evolved which utilizes preferred, highly reliable parts in standard,

proven circuits. This will be accomplished by selecting, when possible, only

parts which have a record of high performance and high reliability. These parts

will then be derated as prescribed and applied in proven circuits. The adequacy

of the part safety margins will be carefully evaluated by means of tolerance

studies to determine the effects of drift conditions on successful circuit operation.

9Where possible, the additional weight and volume required for _hese redundant elements were determined, although not
presented in this report.
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TABLE 50

RELIABILITY IMPROVEMENT GUIDELINES

Spacecraft

Subsystem

(Relative Improvement

Effort Allocated)

1.

2.

O-B Propulsion

(15 percent)

O=B Guidance

(24 percent)

3. O-B Attitude Control

(5 percent)

4. O-B Power Source

(7 percent) '

Potential

Reliability "Weak Links"

I°

O-B Communications

(15 percent)

a. Propellant tanks

b. Pressure regulator

c. Number of firings

5.

2. a. Computer

b. Gyros

3. a. Fill valve

b. Solenoid valves

4. Solar Cell Modules

5. Electronic part com-

plexity in terms of

Recommended Improvement

1° a. Provide adequate puncture

and leakage protection for

propellant tanks.

b. Provide backup pressure

regulator for redundancy.

c. Limit number of firings

to i0.

Z. a. Add standby computer

for redundancy.

b. Add three standby gyros

for redundancy.

3. a. Provide shutoff valve as

backup for fill valve.

b. Use fail-safe dual port

solenoid valves and posi-

tive shutoff valves for

leakage protection.

4. Allow 2 percent of solar

cell modules to be redundant.

5. Make 80 percent of AEG's

redundant.

6. O-B Thermal Control

(<1 percent)

7. O-B Structure

(<1 percent)

8. O-B Separation

(<1 percent)

9. L-B Separator

6.

/KEG's*

Not identifiable

7. Structure

8. No significant weak

link s

9. No significant weak

6. Select high durability

paint s.

7. Provide adequate design

reliability - safety factors.

8. None

9. None

(<I percent)

10. L Structure

(<1 percent)

11. L Crushup

(<1 percent)

12. L Thermal Control

(<1 percent)

10.

links

Structure

11. Crushup

12. Not identifiable

10.

11.

12.

Provide adequate design

reliability- safety factor s.

Provide adequate design

reliability- safety factors.

Provide increased thermal

level safety margins.
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TABLE 50 (Concl'd)

P

Spacecraft

Subsystem

{Relative Improvement

Effort Allocated}

13. L Erection

{<I percent)

14. L Heat Shield

(<I percent)

15. L Power Source

(12 percent}

16. L Communications

Direct

(IZ percent)

17. L Propulsion

(4 percent}

18. L Attitude Control

(<1 percent}

19. L Spinup

(<I percent)

Z0. L Descent Equipment

(<i percent}

Zl. L Sterilization

(<I percent)

ZZ. L Scientific Payload

(<I percent}

Z3. L Deployment Mech-

anism (<I percent)

Z4. L Engineering Instru-

mentation

(<I percent}

25. O Scientific Payload

(<1 percent)

Z6. O Engineering Instru-

mentation

(<1 percent)

Potential

Reliability "Weak Links"

13. No significant weak

links

14. No significant weak

links

15. Not identifiable

16. Electronic part com-

plexity in terms of

AEG's*

17. Rocket

18. No significant weak

link s

19. No significant weak

links

20. Not identifiable

21. Not identifiable

22. Not identifiable

23. Shaped charges

24. Quantity of transducers

25. Not identifiable

26. Quantity of transducers

Recommended Improvement

13. None

14. None

15.

16.

Noted as a critical development

problem area.

Make 95 percent of AEG's

redundant.

17.

18.

19.

Select rocket with proven

high reliability capability.

None

None

20.

2h

Provide adequate design

reliability- safety factors.

None

22.

23.

24.

25.

26.

Monitor instrument design

and production program.

Make shaped charges 100

percent redundant.

Make 80 percent of trans-

ducers redundant or limit

number of data monitoring

points.

Monitor instrument design

and production program.

Make 80 percent of trans-

ducers redundant or limit

number of data monit6ring

points.

*Active Element Group (AEG) - A transistor or electron tube with its passive network.
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These studies will be supplemented by failure mode analyses to determine

potential failure causes. In addition to the electronics and electromechanical

guidelines, similar design assistance can be provided for mechanical and struc-

tural elements of the spacecraft. These guidelines will establish design cri-

teria using safety factors determined from mode-of-failure reliability analyses.

b) Subcontractor efforts. To assure that the reliability of subcon-

tracted equipment is not compromised, general and specific reliability require-

ments will be established for Voyager subcontractors. The reliability efforts

of the various subcontractors will be closely monitored to assure that these

requiren_ents are met.

c) Reliability assessment. The reliability capability of the Voyager
spacecraft will be continuously assessed, reflecting the receipt of more recent

design/reliability information, to monitor the reliability growth progress.

These repetitive assessments will mean modifying previous reliability estimates

and allocations. Initial logic diagrams and mathematical models will be updated

accordingly. The proposed incorporation of redundancy will be analyzed in

tradeoff studies to determine the effect of redundant elements on spacecraft

weight, volume, cost, accuracy, and performance. This iterative process will

detect, through analytical means, potential reliability weak links, thus enabling

the initiation at an early stage of the necessary followup action.

d) Design reviews. The reliability design review is considered to be

a vital activity in assuring that a high degree of inherent reliability is designed

into the overall spacecraft. A minimum of five design reviews are planned for

the Voyager Program -- preliminary, first interim, second interim, final, and

postrelease. The preliminary review will be held early in the program to con-

sider the basic concepts and techniques, and their compatibility to be employed

in the design. This will be followed by two interim reviews, the first being

primarily a design standardization shakedown, and the second being an analysis

of functional and environmental aspects of the design. The final review, which

provides the last opportunity for evaluating the design prior to release of draw-

ings to production, will involve a critical analysis of the hardware interface.

After fabrication and assembly of the spacecraft has begun, a postrelease de-

sign review will be conducted to resolve any critical problem areas.

e) Test programs. Exhaustive testing is one of the essential prin-

ciples upon which the Voyager Program reliability assurance philosophy is

founded. The test programs will be planned to ensure that the objectives of

each type of test are met. These test programs will include provisions for

component life, engineering evaluation, environmental, longevity, flightproof,

reliability, burn�debugging, functional, launch site, and prelaunch checkout

tests. Specifications will be prepared which completely describe the test pro-

cedures, conditions, and requirements. The tests will be monitored to main-

rain effective reliability control and to assure the collection of meaningful data.

The test results will become inputs to a dynamic corrective action loop.
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f) Failure analysis. The analysis of failed parts is one of the keys

to success of the corrective action activity. In the Voyager Program, failure

analysis will be one means for initiating corrective action. All part failures

occurring during tests will be removed from the units being tested and sent to

a laboratory for a complete failure analysis. Efforts will be made to simulate

the failure conditions and, where necessary, the part will be dissected and sub-

jected to a microscopic analysis of its inner elements. The cause and mode of

failure will be determined and the corrective action defined. This information

will then be used to assign responsibility for the part failure. As a final step,

the necessary engineering corrective action will be initiated with provisions

for follow-up action.

g) Related areas. During the fabrication and assembly phase, it

will be the role of Quality Assurance to maintain the high level of inherent reli-

ability designed into the spacecraft. All purchased material will be subjected

to incoming inspection, I00 percent, where feasible, or lot sampling where

necessary. Any deviations in quality standards will be reviewed by a Material

Review Board to ensure that quality (and reliability) is not compromised in an

effort to meet production schedules. Tasks such as fabrication and assembly

inspection, statistical quality control, vendor audits and surveillance, and final

inspection will be implemented to minimize degradation of reliability during

production. These tasks will be supplemented by in-process functional tests,

burn-in/debugging tests, and functional acceptance tests. The shipping and

handling of the spacecraft will be carefully controlled to eliminate any undue

abuse which might induce operational failures.

5. Reliability demonstration and verification

a. General. "For complex equipment expected to perform satisfac-

torily in a space environment over long periods of time . . . the optimum plans

(providing both specified reliability for a given time and minimum amounts of

testing to assure such reliability levels) ... require apparently an excessive

amount of testing generally leading to prohibitive costs" (ref. 14).

The obvious limitations in demonstrating the achievement of specified re-

liability goals are the cost of the required number of test samples and the time

required for testing. As an alternative to the classical, but economically un-

feasible means of reliability demonstration, an approach is proposed which

combines testing where practical and alternate means of verification where

necessary.

In this plan, all items will receive some degree of reliability testing; many

items will undergo extensive reliability testing. In general, subsystems and

components which will require statistical demonstration of reliability are those
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items (a) the role of which is extremely critical to the mission outcome (e. g. ,

propulsion), (b) which have had little or no operational experience (e. g., RTG),

and (c) which are of low cost and have short duty cycles, such that they are

easily testable (e. g. , separation mechanism).

For the others, limited (i. e. , nonstatistical) reliability testing will be

aug_nented by an analytic reliability verification based on extensive test and

use data.

This two-pronged approach -- testing and analysis -- is combined through

the use of a modified "equivalent systems technique"(ref. 15}. Briefly, this

technique entails the testing, under simulated operational conditions, of all

colnponents comprising a system. A sufficient quantity of these components is

tested to collect data on enough "equivalent systems" that a statistical evalua-

tion, at the system level, can be made to ensure that, at a specified confidence

level, the required reliability levels are fulfilled. The modification consists

of substituting conservative reliability analysis, supported by test and use data,

where statistical testing is not feasible. Conservative measures can be built

into the realiability analysis estimates by limiting the data sources to relevant

and articulated programs and imposing the requirement that the reliability esti-

mate exceed the required reliability by some prescribed safety margin. Pre-

liminary estimates indicate a safety factor of I. 25 {i.e., i. 25 x predicted fail-

ure rate <required failure rate) should be adequate.

The reliability demonstration and verification philosophy is depicted in

figure 150. It is noted that the verification alternative to reliability demonstra-

tion requires the use of specific analytic tools, namely, systems analysis,

logic diagrams, prediction mo_els, failure analyses, and reliability improve-

ment evaluation. Moreover, i_Le data sources relevant a3 inputs to reliability

verification are qualification tests, life tests, environmental tests, tul,ali:J._al

tests, longevity tests, burn-in/d_bugging tests, flightproof tests, field accept-

ance tests, prelaunch tests, and use data from earlier shots and other space

and missile programs. On the basis of this approach, achievement of relia-

bility is assured.

b. Test quantities. The number of samples to be tested using the

equivalent system approach is a function of the confidence level desired, the

number of allowable failure:_ during the demonstration test, and specified reli-

ability level for the system "_n question. The specified spacecraft reliability

goal or level to be demonstrated is 0.833. 10 With this goal as a criterion,

table 51 shows the number oJ co:nplete spacecraft to be tested:

lOThis go;d is ,,_,.r_cia,,_d with a b,,,,'.*, r,.'_.d, il* .... _f _1.60 and :Lmlssion objective of 0.50 for thelg¢:.9 lau,_cl, opporttu, ity.
With consMcra6on f(,, potential relia_,ility gr.wG, a rt'liabillt_, gc,al somewhat less than 0.8',] could be selected for
reliability demonslration in advance' ,d 1969.
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TABLE 51

SAMPLES TO BE TESTED

(Spacecraft Reliability = 0. 833)

Number of Sample Size

Failures
50 Percent 75 Percent 80 Percent 90 Percen<

Allowed
Confidence Confidence Confidence Confidence

._4

I0

15

22

8

15

23

29

9

17

24

32

13

22

30

38

Based on the magnitude of test program costs and potential risk, a 75 per-

cent confidence is expected to be the lowest acceptable level. The quantities

and tests required to demonstrate a spacecraft reliability of 0. 833 at the 0.75

confidence level are described in the subsequent pages. These quantities are

associated with the testing (at the subsystem and lower levels) of eight complete

spacecraft under simulated operational conditions. It is strongly emphasized

that zero lethal failures are allowed with this minimum demonstration plan and

that any other failures of a less serious nature (degradation type) must be rec-

tified by prompt and effective corrective action. 11

For those subsystems, the cost of testing of which is prohibitive, testing

of lesser quantities will be tolerated provided that analytical verifications based

on statistical/mathematical models, supported by test/operational data, are

accomplished.

a. O-B Propulsion

1) Test A

Option 1. Test 8 systems for one simulated mission of 11

cycled firings totalling 800 seconds.

Option 2. Test 1 system for 8 simulated missions of 11 cycled

firings totalling 800 seconds each. After each mission, inspect and repair as

necessary to restore to a launch-ready status. For example, thrust chambers

and fuel tanks may be replaced after each mission.

llLethal failures are defined as destructive, nonrecoverable failures which result in a spacecraft mission abort. De-
gradatlon-type failures, for which corrective action is not acceptable, will also be classified as lethal failures.
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2) Test B

Test 8 complete sets of propulsion system valves in a space

simulated environment (i. e., vacuum and cold temperature) for anticipated

mission duration. All valves must be exercised in accordance with their use

during mission profile.

3) Test C

Test I complete system over a simulated operational mission

to include cycling, duration, and environmental storage in their proper sequence.

b. O-B Guidance

1) Test A -- digital computer unit

Option i. Test 8 digital computer units on a simulated mis-

sion to include anticipated operation for the time duration required (approxi-

mately 500 hours) and under specified environmental conditions.

Option 2. Determine a minimum cost reliability t_st program

(evaluate hardware, test equipment, facilities, test labor, schedule) which will

res_t in the accumulation of 4000 hours of computer test history.

2) Test B -- inertial measuring unit

a) Gyros. Test 24 gyros on a simulated mission, i.e. , to

include anticipated operation for the time duration required and under specified

operational conditions.

b) Accelerometers. Test 24 accelerometers on a simulated

mission.

c) Sensors and trackers. Test 8 complete sets of sensors

and trackers for operation consistent with their missions.

c. O-B Attitude Control

1) Test A

Test 8 systems includin_ electronics for one simulated mis-

sion, cycling each system in accordance ,xltL the mission profile.

2) Test B

Test 8 complete sets of valves in a space simulated environ-

ment for the anticipated mission duration. All valves must be exercised in ac-

cordance with their use during the mission profile.
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d. O-B Power Sources

i) Test A -- batteries

Test 8 sets of batterles by charge-discharge cycling to the

required discharge depths consisteni with their mission profile.

2) Test B -- sol_. panels

a) Verify reliability through systems analysis supported by

test and use dat '_ including mathematical models and success diagrams.

b) Perform functional tests of one complete system for

simulate,_ ....±s_on, monitoring performance parameters.

3) Test C -- power conditioning equipment

Test 8 complete sets of equipment under simulated mission

conditio,"

e. O-B Communications

1) Test A -- electronics

Test 8 complete systems for one simulated mission, cycling

each portion of the system in accordance with the mission profile.

2) Test B -- antennas

Test eight 4-foot and eight 8-foot antennas (16 total) over a

simulated mission to include operational cycling and environmental conditions.

f. O-B Thermal Control

1) Test A

Environmental testing of paints to evaluate aging effects on

absorption and emissivity.

2) Test B

Test 8 fans for continuous operation during one simulated

mission.

ment,

g. L Structure (integrated lander structure including descent equip-

crushup, erection, and deployment mechanism).
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1} Test A

Vibrate 8 structures to simulate peak and accumulated "g"

loads expected to be encountered during the mission.

2} Test B

Drop-test 8 structures (including dummy loads} from aircraft

to simulate entry, descent, and impact conditions; follows vibration testing.

3} Test C

Following drop test, perform functional tests of erection and

deployment mechanisms consistent with mission profile.

h. O-B and L-B Separation

1) Test A

Vibrate 8 complete sets of each type of separation mechanisms

under simulated mission conditions.

2) Test B

Following vibration tests, perform functional tests on all 16

test systems to determine operational capability.

i. L Thermal Control

Test 8 complete thermal control units under simulated environ-

mental conditions to maintain desired ambient temperature.

j. O-B Structure

Vibrate 8 structures to simulate peak and accumulated "g" loads

expected to be encountered during the mission.

k. L Heat Shield

l} Test A

Perform stress testing of 8 heat shields to simulate entry

loads and conditions.
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2) Test B

Perform small sample experiments, simulating conditions

and atmospheric constituents expected during planetary entry. Verify relia-

bility through systems analysis using test data and mathematical models.

i. L Power Source

1) Test A -- batteries

Submit 8 sets of batteries to vibration and drop testing, fol-

lowed by functional charge-discharge cycling to the required discharge depth

consistent with mission profile.

2) Test B -- RTG

Perform mission life tests of 8 units; details not available at

this time.

3) Test C -- power conditioning ecluipment

Submit 8 sets of equipment to vibration and drop-testing, fol-

lowed by functional tests under simulated mission conditions.

m. L Communications (direct and relay link)

1) Test A == electronics

Submit 8 complete systems (of each type) to vibration and

drop testing, followed by a simulated mission, cycling each portion of the sys-

tem in accordance with the mission profile.

2) Test B -- antennas and associated hardware

Submit 8 complete sets of antenna (of each type) complexes to

vibration and drop testing, followed by a simulated mission to include opera-

tional cycling and environmental conditions.

n. L Propulsion

After vibration testing, test 8 propulsion systems to simulate

mis sion conditions.

o. L Spinup

After vibration testing, test 8 spinup systems to simulate mission

conditions.
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6. Critical reliability problem areas. During the Voyager conceptual

design study, several critical reliability problems not only limited the relia-

bility of the spacecraft, but also impeded its reliability analysis. Because

some of the problem areas were not completely resolved at the end of the study,

they will necessitate further examination in the next phase of the Voyager Pro-

gram. These problem areas are reviewed in this section to recognize their

existence and point out the recommended corrective action.

The critical reliability problem areas were classified under three main

headings -- developmental, environmental, and general. The problem areas

and recommended action associated with each of these classifications are sum-

marized in table 52.

Uncertainties concerning the reliability of the radioisotope thermionic

generator (RTG) and the impact survivability of the lander and its related equip-

ment are regarded as critical developmental problem areas. The RTG is still

in the development stage, with very little data available to evaluate its relia-

bility. To alleviate this problem, it is recommended that reliability testing be

performed to demonstrate the RTG allocated reliability goal. In the case of the

overall lander's ability to survive planetary impact, it is difficult to assess

this aspect of the mission because little is known of the planetary terrain features.

Simulation testing of lander structures, crushup, deployment mechanism, erec-

tion devices, etc., can be employed to obtain the necessary impact survival

information.

The environmental problem areas result from the lack of knowledge con-

cerning heat sterilization effects on component reliability and the limited in-

formation pertaining to space environment storages effects on spacecraft sub-

system reliability. Exhibit I below is a typical example of the type of available

information concerning the effects of heat sterilization on reliability, i. e. , no

significance between the occurrence of test failures and the thermal steriliza-

tion procedure. As a means of accumulating data in this area, it is recom-

mended that proof testing, involving the life testing of heat sterilized samples

and unsterilized samples be performed. The effects of environmental storage

on reliability can be determined through carefully planned and space-simulated

environmental tests. To supplement these data,it is suggested that results from

prior space programs be analyzed.

EXHIBIT I

EFFECTS OF HEAT STERILIZATION ON RELIABILITY (ref. 16)

"One of the most serious technical problems concerns the effect of

sterilizing heat cycles on the reliability of the spacecraft system.

Although most of the spacecraft components now in use will survive

heat cycles of 125°C for 24 hours, a number of critical items of
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TABLE 52

SUMMARY STATEMENT OF CRITICAL RELIABILITY PROBLEM AREAS

Classification Reliability Problem Areas Recommendations

I. Developmen-

tal

11. Environmen-

tal

III. General

i. Uncertainties con-

cerning reliability of RTG

2. Uncertainties con-

cerning the ability of

lander and associated

equipment to survive

planetary impact.

i. No knowledge of

heat sterilization ef-

fects on component re-

liability.

2. Limited information

of space environment stor-

age effects on spacecraft

subsystems reliability.

I. Limited availability

of reliability data from

the space environment for

improving the accuracy of

reliability e stimate s and

identifying potential prob-

lem areas.

2. Limited knowledge of

the wearout characteris-

tics of thrust chamber-

nozzle, celestial and in-

ertial sensors for long

term,frequent use type

mission.

i. Reliability demo-

stration te sting.

2. Simulation testing

of structures, crushup,

deployment mechanism,

erection devices, etc.

1. Proof testing.

a. Environmental

te sting

b. Analysis of

prior space pro-

gram results.

I. E stablish reliabili-

ty data files using JPL

and NASA space pro-

gram histories.

2. Longevity t_ sting

to determine compo-

nent operating life

characteristic curve s.

-325-



hardware are seriously affected. In addition, almost nothing is

known about the effect of these cycles on component lifetime. Re-

liability testing of sufficiently large scale has never been done to

obtain a statistical analysis of failure rates over long operating

periods after exposure to thermal sterilization. It is therefore

impossible at this time to make an intelligent analysis of the ef-

fect of heat sterilization on overall mission reliability. Most en-

gineers are becoming increasingly concerned over these problems,

and strong pressures are being exerted to waive the heated proce-

dures for obtaining internal sterility of spacecraft in the lunar pro-

gram. To date, no component failure can be traced directly to

thermal sterilization. However, on Ranger 3 and 4 series space-

craft, three component failures occurred on the prototype model,

which did not undergo heat sterilization, whereas on the flight

models which were heat sterilized, nine component failures oc-

curred during tests. In the Central Computer and Sequencer sys-

tem, at least one failure occurred on each unit that was heated.

Since the number of instruments tested was very small, it is not

possible to establish the significance of these failures in relation

to a thermal sterilization procedure. "

The general reliability problem areas concern the limited availability of

reliability data from the space environment and the limited knowledge of the

wearout characteristics of certain components used for long-term, frequent-

use type missions. The former problem is particularly important, since ap-

propriate reliability data are needed for improving the accuracy of reliability

estimates and identifying potential reliability weak links. To overcome this

problem, it is suggested that reliability data files be established using NASA/

JPL space program histories. Lastly, there is limited knowledge pertaining

to the wearout characteristics of thrust chamber nozzle, and celestial and in-

ertial sensors. Longevity testing of these components is recommended to re-

veal their operating life characteristic curves.

7. Special reliability studies

a. Evaluation of alternate design concepts. In addition to the major

technical studies described above, special reliability studies were performed

to evaluate alternate design concepts. These special reliability analyses are

briefly discussed in this section.

The prediction techniques and failure distributions described in section

on Reliability Estimation were also employed in the evaluation of the alter-

nate design concepts. Since the object of these analyses was to measure the

relative success probability of the design concepts under consideration, equip-

ment common to all concepts, in both make-up and usage, were not included
in the evaluation.
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It was recognized that component failure rates possessed wide variations

for similar component types. To combine the failure rate variance and yet show
its effect in a meaningful way, a root mean square approach was used. 12 As

a result, a range of likely failure rate values were computed at the subsystem

level. These failure rates were then combined into pessimistic, nominal, and

optimistic success probabilities. The results of the special studies were used

in the conceptual design selection.

1) Relative reliability analysis of alternate orbit techniques. An

analysis was made to evaluate the relative reliability of attaining an orbit (from

a terminal point along the trajectory) about Mars or Venus, utilizing aerody-

namic braking or retropropulsion techniques. The following alternatives were

included in the study of each of these principles:

a) Aerodynamic brakin_

1 With precursor vehicles (at least three out of five

vehicles must operate successfully}

2 Without precursor vehicles.

b) Retropropulsion -- liquid rocket system

1 One engine configuration

2 Three-engine configuration (any two of three engines
must operate successfully).

Table 53 summarizes the results of the relative reliability analysis. A re-

view of this table reveals that the differences in the success probabilities of the

various orbit attainment techniques were relatively small {with the exception of
the one-engine propulsion technique which possessed a much lower level of re-
liability). Therefore, it was concluded that exclusion of the different orbit

attainment techniques could not be made on the basis of reliability alone. Con-

sequently, it was recommended that the results of the relative reliability analysis
be used as inputs to a more comprehensive selection process.

2) Relative reliability analysis of lander communications tech-

niques. An analysis was made to evaluate the relative reliability of a lander

communicating from Mars to Earth, either directly or through an orbiter relay
link.

At the time the analysis was performed, the effects of entry and impact

stresses on lander equipment had not been evaluated (a separate failure mode

12See Section 8.2,7 for a more detailed description of this approach.
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analysis was later conducted in this area). Another factor which had not been evalu-

ated, but later determined, was the probability of the orbiter attaining an orbit.

The results of the relative reliability analysis are shown in table 54. On the

basis of the reliability estimates alone, it appeared as though the lander direct com-

munications technique was the more reliable method because the relay link was

extremely sensitive to the probability of the orbiter attaining an orbit. However, the

latter technique offered certain operational advantages which assured that some

information would be received, 13 whether or not an orbit was attained. Thus, it was

concluded that the lander relay link was more desirable from a reliability standpoint.

3) Relative reliability analysis of parachute actuation system. An

analy si s was made to evaluate the relative reliability of two type s of parachute ac tua-

tionsystems contemplatedfor use in the Mars lander-descent equipment. One system

involved the use of an adjustable accelerometer which was preset before launch, but

later readjusted to reflect the receipt of more accurate measurements occurring after

separation of the lander from the orbiter. The alternate system would consist of an

accelerometer,presetbefore launch andnot changed thereafter. Since both systems

were found to be highly reliable, i. e. , probability of success > 0.99, it was recom-

mended that the more accurate (from a performance standpoint) actuation system be

selected.

4) Passive versus active thermal control subsystem. An analysis

was made to evaluate the approximate increase in the in-transit reliability of the overall

spacecraft, using two fans in the thermal control subsystem for cooling (circulating)

purposes. The average ambient temperature with the passive subsystem (without fans )

was 155°F, while the active subsystem (with fans ) maintained an average temperature

of 115°F. By use of the following relationship,
n

where )%2 = the failure rate at the higher temperature

h 1 = the failure rate at the lower temperature

T 2 = the higher temperature (°K)

T 1 = the low temperature (OK)

n = a constant estimated to be 5 from studies of equipment failure rates

as a function of temperature.

it was possible to approximate the change in spacecraft failure rate attributed to

a passive thermal control subsystem. Converting these failure rates into proba-

bilistic values, it was determined that the in-transit spacecraft reliability without

13The principal advantage was the possible use of the omnidirectional antenna for direct transmission of data to Earth.

Even though such information would be transmitted at a reduced bit rate, there would be a backup mode of operation in
the event the orbiter direct link experiences a malfunction.
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fans was approximately 0. 673 as compared to a 0. 713 spacecraft reliability

using an active thermal control subsystem. Since negligible weight and power

are required by the addition of the two fans, their use was recommended as a

means of improving the reliability of the overall spacecraft.

5) Dormant versus active spacecraft. An analysis was made to

evaluate the increase in reliability that would be attained by maintaining a dor-

mant spacecraft, except for some reduced "housekeeping" tasks, during the in-

transit portion of the mission. After evaluating the feasibility of shutting down

each subsystem, it was estimated that the most substantial increases in relia-

bility could be achieved in the guidance and attitude control subsystems (particu-

larly the attitude control subsystem). These subsystem reliability increases in

turn produced a factor of 1.06 gain in the in-transit reliability of the overall

spacecraft, i.e., 0.757/0.713 where 0.757 = dormant spacecraft reliability

and 0.713 = active spacecraft reliability. Itwould appear that such a small in-

crease in reliability does not justify the compromise in mission usefulness which

would result from a dormant spacecraft.

b. Prediction technic/ue modifications

1) Adaptation of the AEG prediction technique to space systems.

The AEG technique is a well accepted means of reliability estimation when de-

tailed part information is not available (such as in advance of the conceptual

design). The professional literature is replete with examples of this type pre-

diction, but unfortunately its use in the analysis of space equipment has not been

exploited. Therefore, some preliminary computer experimentation was carried

out to facilitate the use of the AEG technique in the prediction of Voyager equip-

ment reliability. Four sets of linear correlations were attempted on each of

1 1 satellite systems. Specifically, these correlations were between the AEG

count (a complexity measure based on transistor/tube count) and the mean life

of the equipment as determined by (a) parts failure rate method, (b) low stress

AEG method, (c) medium stress AEG method, and (d) the observed (telemetered)

experience. Although some degree of correlation was obtained between the

change in AEG failure rate as the system complexity, only the average AEG

failure rate, 3.19 x 10-6/AEG as suggested by Willard (ref. 11) was used be-

cause of large standard errors of estimate.

Z) Selection of failure rate values. Bias in the choice of compo-

nent failure rates can severely influence system reliability estimates. This is

especially true when failure experience for similar component types indicates

wide variation is possible. This is further deteriorated by the fact that, at

best, precise application and environmental conditions are vaguely defined. To
alleviate these difficulties, a means was devised to accommodate the failure

rate variance without bias and yet show its effect in a meaningful way. Essentially,

the approach was to treat the differences in failure rate as deviations (errors)

from the average and to evaluate their combined effect, in much the same way

as tolerances, through the use of the root-mean-square (rms) technique. When
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this method was used, the system prediction based on the average values was

considered to be the most likely value, while predictions based on the ± rms

values were considered as the optimistic and pessimistic range through which

the system estimate could vary.

8.3 Conclusions

The reliability studies have produced two major results:

1. The quantitative evidence that there is a reasonable expectation that

the program will be successful

Z. The development of a comprehensive reliability program plan which,

when implemented, will enhance the expectation of program success.

Other significant contributions include

i. The meaningful allocation of reliability goals

Z. The identification of potential weak reliability links

3. The optimization of program costs on the basis of reliability effec-
tiveness

4. The recommendation of a method fox _ reliability demonstration and

verification

5. The evaluation of alternate design concepts as inputs to the conceptual

design selection.

-333-



1.

.

3.

4.

5.

.

7.

8.

9.

10.

11.

12.

13.

REFERENCES

Clarke, V., Jr., W. E. Boll,an, R. Y. Roth, W. J. Scholey: Design

Parameters for Ballistic Interplanetary Trajectories. Part I, One-way

Transfer to Mars and Venus. JPL Technical Report No. 32-77,

16 January 1963

Clarke, V. C., Jr. : A Summary of the Characteristics of Ballistic In-

terplanetary Trajectories, 1962-!977. JPL Technical Report No. 32-209,

15 January i962.

Lederberg, J.: Science, vol. 132, 393, 1960.

Phillips, C. and R. Hoffman: Science, vol 132, 991, 1960.

Davies, R., and M. Communtzis: Proceedings of the 10th International

Astronautical Congress, Springer-Verlag, Vienna, vol. 1, 495, 1960.

CETEX, Science, vol. 128, 887, 1958.

CETEX, Nature, vol. 183, 925, 1959.

Jaffe, L. : JPL Technical Report No. 32-325, p. 6-7, Pasadena, 1963.

Hobby, G. : as cited in JPL Technical Report No. 32-325, p. 6, Pasa-

dena, 1963.

For a recent survey of the state of the art, see Jaffe, L. : Astronautics

and Aerospace Engineering, p. 22-29, August 1963.

Willard, C. F. : Final Report - Satellite Reliability Spectrum. ARINC

Research Corporation, Washington, D. C., Publication No. 173-5-280,

IDEP No. 347.40.00.00-A9-01, 30 January 1962.

Apollo Final Study Report, : vol. 5, Implementation Plan, Book 2 - Reli-

ability, General Dynamics, Convair, 15 May 1961. Confidential

Moffat, W. H. : Analysis of Reliability Growth of Rocket Propulsion

Stages Relative to Orbiting Bell Telephone Laboratories Communications

Satellites, Aerojet-General, AZUSA, Report No. 2051, IDEP No. 347.40.

00.00-A7-09, July 1961.

-334-



REFERENCES (Concl'd)

14.

15.

16.

17.

Hock, C. D. : Some Remarks on Optimum Reliability Testing. NASA,

8th National Symposium on Reliability and Quality Control, Washington,

D. C., 9-II January 1962.

Kerins, D. J. : The Equivalent System Technique for Reliability Demon-

stration. 14th Convention of Southwestern IRE, Houston, Texas,

April 196Z.

Hobby, G. L. : A Review of Space Research. National Academy of

Science, National Research Council, Review of the NASA]JPL Sterili-

zation Program, Publication No. 1079, Appendix III, Ch. 9.

Neuner, G. E., and M. Lepow, : Figure of Merit Evaluation for Lunar

Logistics, 23rd National Meeting of the Operations Research Society of

America, Cleveland, Ohio, Z8 May 1963.

-335-



APPENDIX A

OPTIMUM ALTITUDE FOR ESTABLISHMENT OF PLANETOCENTRIC

CIRCULAR ORBITS

In the final mission payload analyses, a fixed orbit for Mars and a varying

orbit for Venus resulted. It is apparent from these results that it is possible

to establish circular orbits about these planets without a significant payload

reductiou in the basic orbiter bus. If in the future it should be desirous to es-

tablish such orbits, there is an optimum altitude to minimize the orbit estab-

lishment velocity decrement. The orbit establishment velocity decrement is:

2__ __--_AV = V2 + rp
(A1)

where

= gravitational parameter of planet

rp = periapsis radius

V_ = asymptotic approach velocity

By setting the partial derivative of AV with respect to rp to zero, the opti-

mum altitude, hp, is obtained as

where

r E = planet radius.

During many launch opportunities the approach velocity associated with the

minimum sum of the departure and arrival velocities is relatively constant.

Since the optimum altitude is a function of the approach velocity, this in turn

implies that a fairly constant optimum altitude can be obtained over the entire

launch window.

The associated velocity decrement to establish this optimum orbit also is a

function of the approach velocity and is

V

AVmin = "_ (A2)
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For Mars and Venus, the optimum altitude and velocity decrement is presented

in figures A1 and A2 as a function of the approach velocity. With an approach

velocity of 4 km/sec, the optimum altitude for Mars is approximately 2000 km.

However, to achieve the same altitude with respect to Venus, an approach ve-

locity of approximately 8.85 km/sec is required. The burnout weight in orbit

can be determined as a function of the weight along the approach hyperbola and

approach velocity from figure A3.
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APPENDIX B

ANALYSIS TO DETERMINE REPEATABILITY OF TRAJECTORY AND

MISSION PARAMETERS AT EXTREMES OF METONIC CYCLE

As pointed out in ref. 2 there is a cyclic recurrence of trajectory char-

acteristics for launches to neighboring planets. In theory, there are four bal-

listic paths (over short intervals of time there may be six) per launch date for

a given injection energy from Earth to the target planet for transfers of less

than 360 degrees about the sun. However, with realistic departure velocities
achievable with present boost vehicles, the launch window is restricted to sev-

eral months duration when there is a favorable relation between the positions

of Earth and the target planet. These favorable positions occur every synodic

period (the time between two successive heliocentric conjunctions in celestial

longitude). Thus, favorable launch opportunities to Venus occur every 19. 2

months and to Mars every 25.6 months. The cyclic recurrence of trajectory

characteristics reflect the same absolute space-fixed geometry of Earth and

target planet. These cycles (metonic periods) are related to the synodic period

and for Venus are very nearly 8 years or 5 synodic periods and for Mars about

15 years or 8 synodic periods.

The purpose of this analysis is to determine the variation in the trajectory

parameters and mission payloads for 196Z and 1970 Venusian launch opportu-

nities to determine the applicability of employing the 1962-1970 data for 8-year
cycles thereafter. In order to assess the variation in the transfer orbit char-

acteristics, the following parameters were investigated: (1) time of flight;

(Z) Earth-Venus communication distance; (3) asymptotic approach velocity vector;

(4) heliocentric transfer angle; (5) angle between approach asymptote and

Venusian orbital plane; (6) angle between approach asymptote and Sun-Venus

vector; and (7) declination of geocentric asymptote.

These parameters, when plotted as a function of launch date, may be rep-

resented by a series of closed contours for constant departure energies. The

vertical asymptotes of these contours represent the trajectory parameters as-

sociated with the daily minimum departure velocity.

In order to determine the variation between the 1962 and 1970 transfer orbit

parameters, the extremes of a fixed energy contour (C 3 of 11 kmZ/sec 2) were

analyzed. This energy contour provided approximately a 45- and 28-day window
for:Type IandType IItransfertrajectories, respectively. The extremes of the

contour were analyzed to determine if in addition to a variation in the trajectory
parameters there also was a shift in the launch window. The existence of such

a shift appears likely since there is a 3- to 4-day shift in date corresponding to

the absolute minimum departure velocities for each opportunity. For Type I
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and II transfers only minor variations in the trajectory parameters are evident.

The entire contour shifts forward by 3 to 4 days in 1970 for the Type I transfer,

while the window for a Type II transfer is shortened by 3 to 4 days, as only the

latter portion of the window shifts forward. It is interesting to note that the

absolute minimum departure velocity for TypeI transfers is reduced by 0. 033

km/sec in 1970, whereas for TypelI transfers this velocity is increased by

0.019 km/sec. A summary of this analysis appears in tables B1 and B2 for

Typelandll transfer trajectories, respectively.

While the variations between the trajectory parameters appear to be negli-

gible, the effect of the minor velocity variations on the mission payload must

be analyzed. For the all-orbiter and split-capsule orbiter/ 2000 -pound lander

mission, the maximum payload for Type I trajectories increases by approxi-

mately 12 pounds for the 1970 launch opportunity, and the maximum payloads

are achieved approximately 5 to 7 days earlier. However, if this shift in the

launch window is neglected, daily variations up to 50 pounds occur. The cor-

responding increase in the maximum mission payloads for Type II trajectories

is indeterminable as the peak does not occur in the 120-day launch period investi-

gated; however, the same trends noted in theTypeI transfer are in evidence.

Over most of the launch window, it appears that the 1970 launch window occurs

5 to 7 days earlier than the corresponding 1962 opportunity. Similarly, there

is a 50-pound variation in payload if the shift is neglected. For these two mis-

sions, the variation in the payload for TypeIand II transfer trajectories is pre-

sented in figures B1 and B2, respectively.

The results of this investigation indicate that for preliminary design pur-

poses the trajectory and payload calculations for the 8-year (1962-1970) period

can be applied to other 8-year cycles if allowance is made for a 5- to 7-day

shift in the launch window.
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APPENDIX C

ORBIT TRIM REQUIREMENTS

Resulting from uncertainties due to the DSIF and on board guidance system,

there will be an uncertainty in the periapsis altitude along the approach hyperbola,

with a resultant velocity uncertainty prior to the establishment of the planeto-

centric orbit. This uncertainty may be expressed by

2

/_p rpo

8 (Vph) Vph _rp , (C 1 )
o

where:

Vph = nominal periapsis velocity
o

rpo = nominal periapsis radius.

The nominal orbit establishment velocity decrement is

AV N = Vph -VpE (CZ)
o

when periapsis of the approach hyperbola and planetocentric orbit are coincident.

Since the nominal orbit establishment velocity decrement will be employed, the

periapsis velocity of the planetocentric orbit is, in the presence of an altitude

error

r2
Po _ ra 2#

8rp - AV N = i(-rp (C3)VpE = Vph Vph ° +_rp) (ra+rp+_r p)

the resultant apoapsis radius can then be computed and the variation from the

nominal apoapsis radius

rao - r a= rao

The two impulse orbital trim velocity requirement, to achieve the desired

nominal orbit, is presented in figure C1.

(C4)

If the orbital parameters result in a near synchronous orbit, the required

perturbation in periapsis velocity to affect a change in the period is presented

in figure C2.
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APPENDIX D

RELIABILITY VERSUS COST

The purpose of the following analysis is to determine the optimum level of

reliability effort necessary to produce the highest expectation of fulfilling pro-

gram objectives at the lowest total program cost. Briefly, the methods used

are (1) to examine the relationship between reliability effort, (2) to project the

effect of different levels of reliability growth on the fulfillment of program ob-

jectives, and (3) to determine the minimum cost reliability effort associated

with the highest expectation of program success. Finally, the results are

scrutinized for usefullness, sensitivity to assumptions, and consistency with

other estimates of necessary reliability efforts.

I. Reliability growth as a function of cost. Reliability growth is discussed

as the growth rate is affected by the relative size of the reliability effort. That

is, the effect of change in the rate of reliability growth is expressed in terms

of the percentage of funds allocated to the reliability effort.

It is well accepted that there is a time-phased impact of reliability effort

upon program success. One can demonstrate that the earlier and larger the

reliability effort, the greater the operational savings and thus lower net pro-

-;%0 "t

gram costs. Let R o = e be the reliability of an initial systems design.

After n years this system will have a reliability of

-4o(1 -i) n.t
R n = e (D1)

where i is the annual fraction of failure rate removed and n is the number of

years of constant reliability effort.l

Obviously, as the program matures (n increases) the failure rate improve-

ment begins to compound; thus, a greater marginal return results. However,

as i increases, the marginal yield of n has lesser effect. For midrange values

of R, the value of i is fairly linear. As the reliability approaches 1 the value

of i decreases slowly.

It is quite difficult to obtain accurate values of i and impossible to find

exact values ofi related to cost. Moreover, since the true costs of reliability

efforts are often hidden in the design engineering costs, precise reliability costs

from accounting records often are in error. Nevertheless, it is still possible

I(1 -- i) n is a coefficient of )%0'and is closely related to discount interest formulas.
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to generate useful cost-improvement ratios for reliability efforts. The potential

value of i which can be expected for a full-scale, dynamic reliability effort is

estimated at 25 percent reduction in failure rate per year. So called full-scale

reliability efforts have reliability funded in the range of 9 to 15 percent. 2 Thus,

for an ambitious program a full-scale reliability effort might run 12 percent of

program costs and yield a 25 percent annual failure rate reduction. While the

scale is not constant, a 2 percent failure rate reduction per year for each 1 per-

cent of program funds allocated for reliability efforts is a reasonable value and

near linear for reliability efforts up to 20 percent of program costs.

Very small (< 5 percent) or extremely large (> 25 percent) reliability pro-

grams tend to be less efficient and maximum efficiency is in the range of 9 to

15 percent.

Proceeding on the basis that a Z-percent annual failure rate reduction per

l-percent program cost is feasible, one can evaluate sequential reliability

growth for reliability efforts of several sizes as presented in figure D1.

Figure D1 illustrates the compounding effect of different rates of reliability

growth for the same missions and levels of reliability effort.

Later, these values are used to determine the optimum size of reliability

effort which results in a program with lowest total program cost and highest

expected probability of meeting its objectives.

2. Program expectation as a function of reliability _rowth. The expecta-

tion of program success for each of the reliability growth rates used above is

examined next. Intuitively, the larger rates of reliability growth result in

higher probabilities of success. The purpose of the following discussion is not

to reinforce this point but to state the assumptions made and describe the model

used to combine the reliability of various mission segments and the several

missions into the program expectation.

The following assumptions were made:

a. The relative program emphasis of Mars missions to Venus mis-

sions is 67 percent to 33 percent.

b. The relative importance of Mars lander missions to orbiter mis-

sions is 60 percent to 40 percent.

c. The relative importance of Venus orbiter missions to lander mis-

sions is 70 percent to 30 percent.

2page 4, Reliability Special Report, Electronic Evaluation and Procurement, Volume 3 No. 7 (July 1963).
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d. The fractional mission success for Mars orbiter missions is

Segment

First 24 hours

1 day to 70 days

71 days to 180 days

Contribution

= 0.25

= (i-0. 25) (69/180) = 0.29

= (I-0. 25) (110/180) = 0.46

Total = I. 0

e. The fractional mission success for Mars lander missions is

Segment Contribution

First 24 hours = 0.75

1 day to 30 days = 0. Z0

31 days to 180 days = 0.05

Total = I. 0

f. The fractional mission success for Venus orbiter missions is

Segment Contribution

First 24 hours

1 day to 21 days

22 days to 60 days

= 0.25

20

= (1-0.25) 1_-61

39

= (I-0.25) (_-_)

Total = 1.0

=0.25

=0.50

The technique to convert reliabilityi growth to program expectation follows

these steps:

1. For each growth rate, the expected success for each mission is calcu-

lated as the sum of the product of each mission segment contribution times the

mission segment reliability (as determined from a mission reliability profile

associated with that growth rate), summed over all mission segments.

2. Again for each growth rate, the expected fraction of a mission success

for each mission type is weighted and summed over the program years in partial

fulfillment of program objectives to give the expected total number of each type

mission successes in the program.
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3. The expected total number of normalized mission successes for the

program is the values in step 2 summed over all mission types in accordance

with the assumed relative mission emphases, for each growth rate.

4. The number of normalized program launches (trials) by mission types

are summed over all missions in accordance with the assumed relative mission

emphases.

5. Then for each reliability growth rate, the ratio of step 3 to step 4

(normalized number of expected successes to normalized number of trials) gives

a point estimate of the stochastic probability of fulfilling program objectives

with that growth rate.

6. The expectation of fulfilling program objectives is obtained as a bi-

nomial probability using as entering arguments - a normalized value for the as-

signed program launch configuration as the number of trials, a normalized

value for the program objective (as the number of success required), and the

stochastic normalized mission probability obtained in step 5 (above) as the out-

come for each trial.

The mathematical models related to each step are as follows:

Step 1. Eijkl" = _(Ri ) " (Rij klra) " (Pm)
m

Step 2. Ei.kl" = 2_(Eijkl.)

J

Step 3.

Step 4.

Step 5.

Ei .... = (Ei.kl.) " (Pk)(pl )

2;2L.. = (Lkl) • (Pk)(pl )

k 1

Ei ....

P" {L.. I i L..

Step 6.

a..

(L..):lE 0..
l i = (o..)! (L..- 0.. )!

0,.
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where:

E

R"

R

0

P

p"

L

i

J

= expectation

= booster reliability

= reliability of spacecraft type

= program objectives or success requirement

= fractional emphasis (weighting factor)

= stochastic probability

= number of trials (launch attempts)

= reliability growth rate

= year of mission

k = planet (Mars or Venus)

I = spacecraft type (orbiter or lander)

m = mission segments

The values obtained in carrying out steps i through 6 are shown in tables

D1, D2, and D3, namely, expected number of mission successes, stochastic

probabilities of program success, and binomial probabilities of fulfilling pro-

gram objectives. When the values from table D3 are illustrated graphically, as

in figure DI, it is apparent that reliability efforts in excess of 15 percent have

diminishing returns and those below 5 percent are of dubious merit.

3. Total program cost as a function of reliability effort. The optimization

of total program cost as a function of cost of the reliability efforts will be ex-

amined next. The optimum level of reliability effort necessary to produce the

highest expectation of fulfilling program objectives at the lowest total program

cost will be determined. In order to do this, the notion of equivalent operational

costs (or the cost of equivalent operational success) is introduced.

Simply stated, equivalent operational costs are the cost of enough launch

attempts to yield an equivalent of the required number of successes for efforts

with different expectations. For each level of reliability effort, the cost of

equivalent operational success is the cost of the operational phase of the program

divided by the program expectation.
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TABLE D2

STOCHASTIC PROBABILITIES OF PROGRAM SUCCESS

FOR SEVERAL RELIABILITY GROWTH RATES

Case

I

4-percent effort

II

8-percent effort

III

1 Z-percent effort

IV

14-percent effort

Mars

Orbiter

0. 225

O. 333

0. 472

0. 502

Lander

o.z68

0.417

0. 566

0.597

Venus

Orbiter Lander

0.277

0.409

0. 284

0.438

0. 596

0.630

0. 580

0.615

Combined and

Normalized

Missions (P')

0. Z64

0.400

0. 557

0.588

Normalized Program Objective, (0..)

0.66 [Z(0.4) + 5(0.6) 3 +0.33 [2(0.7) + 2(0.3)3

Normalized Program Launches, (L..)

0.66 [6 (0.4) + IZ(0.6)] +0.33 [6 (0.7) + 2(0.3) I

= 3.20

=8.4
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Estimates of program cost which were used for the purpose of reliability-

versus-cost analysis do not represent actual cost estimates of the Voyager pro-

gram. Since these estimates may be in error, a range of costs (minimum,

probable, and maximum) were evaluated to test the sensitivity of the results to

changes in cost. The results were found not sensitive to cost estimate changes

so that final results are shown only for the probable costs. For each level of

reliability effort, the sum of the scaled development cost and the cost of equiva-

lent operational success is the equivalent total program cost. The program

with the lowest equivalent total program cost would have the optimum size relia-

bility effort. These results are presented in figure D2 to facilitate the deter-

mination of the optimum size reliability effort. The equivalent program cost

for a 25-percent reliability effort was determined from scaled development and

operational costs only, since there is virtual certainty that program objectives

will be met (refer to figure D3).

In figure D2, note that the equivalent total program cost decreases rapidly

as the reliability effort increases toward i0 percent. The cost continues to de-

cline, but quite slowly, up to 14 percent effort, then gradually increases. Since

there is virtually the same expected sucess from 11 percent effort and up, there

is little yield by increasing the reliability effort. The optimum effort is then

approximately II to 12 percent.

The relevant cost of the optimum reliability effort is 1 1 percent of the

scaled development and operational costs less booster and launch site costs, or

0. 1 1 0.5 + 0.5 -0.5 { 1-0.6) ]. This figure includes the total cost of all reliability

efforts of the system contractor, the subcontractors, and vendors.

As a final check for the sensitivity and reasonableness of results, we can

evaluate the magnitude of change of the reliability task as the amount of funding

for its changes. In figure D4, the ratio of effort spent on all other activities is

compared to the effort spent on reliability activities. For reliability efforts of

5 percent and less, the task of covering other program dollars becomes so

diluted that the reliability effectiveness becomes feeble. At the other extreme,

reliability efforts of 20 percent and more, so much reliability money has been

allocated that other efforts are dominated (ratio of < 4:1), and the funds are

nonproductive. At 12 percent reliability effort, the span of coverage is 7:1, or

about enough to provide adequate coverage over the areas of reliability concern.

4. Conclusion. An optimum reliability effort for the Voyager program is

11 to 12 percent of program funds for the system contractor, subcontractors,

and vendors. Furthermore, these results are considered to be reasonable,

valid, and not extremely sensitive to the assumptions made nor to the program

cost estimates.
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APPENDIX E

ERROR ANALYSIS

The errors in impact accuracy for a lander separated from the orbiter-

spacecraft during planetary approach were evaluated using a digital computer

simulation. A description of the sequence of events and computational procedure

follows :

1. The spaceship approaches the planet (figure El) on a hyperbolic

trajectory. Range from the planet and velocity magnitude and direction with

respect to the planet are known.

2. At a programmed range from the planet the lander is gently ejected

from the spaceship. This range, RO, is known along with the spaceshipWs

velocity magnitude, VOB, and flight path angle YOB relative to the planet.

Uncertainties in the quantities RO, VOL, and YOB' also are known.

3. A velocity increment, vOL , is applied to the lander (figure E2) at an

angle 0OL sufficient to place the lander on a planetary impact trajectory, vOL ,

0oLrelative to the spaceship velocity vector, and their associated uncertainties

AvoLand AOoL are known values.

4. The flight path angle, YEL ' at the reference range, R E , and a range

angle, _L, at this same range are computed. At this point, partial derivatives

of the quantities YEL and _L are taken with respect to the various initial

conditions: RO, VOB , YOB' vOL' 0OL" The partials are then the influence

coefficients relating the variation in the two angles (lander entry angle, YEL and

the central angle, _L subtended at the planet by the portion of the lander

trajectory from separation to entry - see figure E3 with variation in the basic

quantities.

5. The virtual periapsis of the lander, RpL , is computed. Partial

derivatives are taken with respect to the initial conditions. These partials

are the influence coefficients relating a change in virtual periapsis with a change

in the basic quantities.

6. The uncertainties in YEL' _L' and %L are then computed as root-sum-

square value s,

OYEL Ax , etc.

RSS (AYEL) = Oxi
i= 1

(El)

where the individual uncertainties, AR O, AVoB,

one - sigma value s.
-363 -
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GLOSSARY OF SYMBOLS

a semimajor axis of hyperbola

e eccentricity of hyperbolic trajectory

h altitude above the planet

R radial distance from planet center

V velocity of vehicle relative to target planet

v velocity increment applied to lander

y flight path angle; angle between velocity vector of the vehicle and local
ho rizontal

difference between flight path angles of orbiter and lander at same range

A uncertainty

0 application angle of velocity increment, v, relative to spaceship velocity
vector

¢ central angle subtended by that portion of the trajectory from separation

to entry (lander) or periapsis (orbiter)

planetary gravitational constant

Subs c ripts

first letter (point on trajectory):

E entry; reference range usually approximating the top of the sensible

atmosphe re

0 separation range

P periapsis range

second letter (vehicle):

B orbiter

L lander
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EQUATIONS

Equations programed are starred. Quantities printed out are double starred.

Ranges and altitudes are given in feet. Velocity magnitudes are in feet per sec-

ond. Angles are in radians.

a. Orbiter (BUS) parameters at the time of lander launch. These quanti-

ties would be known approximately in actual flight.

* * RO = h O + r

IV 2# ] 1/2" _o_ = _ + _oJ

* RpB = hp + r

.EvVp B = 2 +
oo Rp B

YOB [ VPB RPB

b. Orbiter parameters at planetary periapsis passage are:

RpB = -

)2 1/2
# + [#2 + (Woo B RO VO B cos YOB ]

v_

aRpB aRp B aRpB

ARpB = aR O ARo + aVoB AVoB + _ AYOB
ayo B

aRp B aRpB aV_B (aRpB._

aRo = aV_B ORo + \_Jl
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0Rp B 0RpB 0V_ B /0RpB _
[ [

0VoB 0V=B 0VoB \0VOB ]I

0RP.....___B = (0RpB 1

** 0YOB \ a'_OB / 1

0V_B

O R O RO2 Voo B

OV_ B VOB

OVoB V_ B

(0RpB _ (RoVoB cos YOB )2

\ ORo/1 R 0//1 _ + (VooB R 0 VOB cos YOB )_

_O RpB_ (R O VOB cos YOB )2

\°VoB ]_ VOB4_ 2 + (V_8 RoVoB _O_yO13)2

- (RoVoB cos ZOB )2 sin YOB

cos YOB _/;2 + (V_B RO Vo B cos YOB )2

#RpB (R O VOB cos YOB )2

O V_B
V_B 4/12 + (V_B RoVoB cosYOB)2

2 F-2V/_ 2 + (V BR OVOBcosyOB )2
+
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The uncertainty in the periapsis of the orbiter for its unperturbed path is:

ARpB --

1/2

where the individual uncertainties ( glRo, etc. ) are one sigma values.

c. Lander parameters at separation. See figure E2

* VOL = (Vo2B + v2 L + 2VoB vOL cos 0OL)I/2

* YOL = YOB + 8OL

* 80L = sin QvOL VoLsin OOL /

°VOL aVoL 8VoL aVoL

AVoL - /MR0 + _ AVoB + AYOB + AvOL +
OR O OVoB 0YOB 0vOL

OVoL

000L
AOOL

O VOL O VOL OVOB OVOL 0 OOL O YOB
-- + --

O R O O VOB O R O 0 0OL O YOB 0 R O

Ovo,

VOB + vOL cos 80L

VOL
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0VoL

0 vOL
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a 80L' _ N

• \0--:Zoo/--1 vOL (1 - N2) 1/2

* _a_OL _ = vOL cos OOL

\aeoL] : VoL (: - N2>1/2

a_OL - N

°_VoL VOL (1 -N2)1/2

d. Virtual periapsis of lander

V 2.0 _ 1/2
** V_L = L -

- L

RpL VpL --- R O VOL cos YOL

* RpL =

_ _ + [ _ 2 + (V L RO VOL cos YOS )2 ] l/2

vZL

* R E -- hE + r

e. Lander parameters at reference range R E

* VEL : L +

V_L = L
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000L OV_L O OOL

OVaL = V_L L +

R 0 VOL cos YOL 1
**)+EL = cos-I

R E VEL

YOL = YOB + BOL

AYEL -

8YEL aYEL OYEL

OR O ARo + 8VoB AVoB + 8YOB

8YEL aYE L

A YOB + _ A vOL +
avOL a OOL

A OOL

-374-



OYEL OYEL 0YOL O80L

ORO OYOL 080L OR O

0YEL 0VoL
+ _ _ +

OVoL ORo

0 YEL 0VEL

0VEL 0R O \ 0Ro ]1

0YEL 0YEL 0YOL 080L

0 VOB 0yO L 08OL 0VOB

0 YEL 0VoL
+ --_ +

0VoL 0VoB

0YEL 0VEL

0VEL 0VoB

0YEL 0YEL 0YOL 0SOL

0YOB 0YOL 0_OL 0YOB

0 YEL 0 VOL

0 VOL 0 YOB

0YEL 0VEL
+

0VEL 0YOB

0),EL 0 YOL
+

OYOL OYO B

0 )'EL

0 vOL

0 YEL 0 YOL 08OL

OYOL 0SOL 0vOL

0YEL 0VoL
+

0VoL 0vOL

OXEL 0VEL
+

0VEL 0vOL

0 O,. 0 O,.
00OL= O o,.0%-/+

0 YEL OVoL
_. =_

0VoL 00OL

0 YEL 0VEL

0VEL 0 0OL

** Q =
R O VOL cos YOL

R E VEL

0YEL Q tan YOL

0YOL V_1 _ Q2

0 YEL

ORo

-Q

RO V/1 _ Q2

0 YEL

3VoL

-Q

VO L V_ _ Q2

-375=



a_L

OVEL

Q

VEL _f; - Q
2

aYOL

c_YOB

aYOL
$ w _ 1

aSOL

The uncertainty in lander atmospheric entry flight path angle is:

** A YEL = O/2+ 12 _ oyEL B/2 OYE/_oL 1 _"

where AR O, AVoB, etc. , are input one sigma values.

f. Lander range angle as defined in figure E3

** COL
cos -1

cos -1
** eEL

fa(e 2-1)-ROI
eR O

*" eL = 9_OL - eEL

where a and e are parameters of the lander hyperbola

RpL

V2 L a

a¢ L

A_L = OR--_ _RO +

a _bL 8 eL a eL

aVoB AVoB + _aYOB AyOB + avOL _vOL

0¢ L

A 0OL
8 eOL
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a0o--_ - _o_. [_a-_o_/_ + aVoL aOoLJ

aYOL aYOL OSOL aVoL

0VoB = 080L OVoL 0VoB

The uncertainty in lander range angle is given then by:

000L

where ARo, AVoB , etc., are, as previously, one-sigmavaluesofuncertainties.
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APPENDIX F

SATELLITE RECONNAISSANCE ORBITS

This study supplements work performed at JPL by C.E. Kohlhase entitled

"Planetary Satellite Orbits. " The JPL Study considered use of orbit plane

rotation caused by planetary oblateness to keep the satellite plane within an

acceptable sunlit region for reconnaissance. As an initial study the analysis

utilized the simplifying assumption that the planetary equator and the plane of

the planets motion about the sun be coincident. On this basis, optimum satellite

orbits in the presence of system errors were determined. The optimum orbit

found was defined as that which with errors present maximized the minimum

expected stay time of the line of modes of the satellite orbit within the acceptable

region.

As the purpose of the satellite mission is reconnaissance, it is probable that
altitude bounds will exist between which the surveillance system must operate.

An additional factor of importance is therefore the dwell time of the satellite

periapsis point within the sunlit region. Furthermore, in actuality the Martian

equator is inclined approximately 25 degrees to the plane of the planets motion
about the sun; a factor not previously considered.

The present work studies both the periapsis dwell time in the sunlit region

and the actual system geometry assuming no limitations on achievable orbits.

In actuality, planetary approach conditions may force a restricted choice of

orbits. For example, while it is desirable to have inclinations in the neighbor-

hood of 90 degrees for large coverage of the planet certain approach conditions

yield a periapsis motion directly out of the sunlit cone for these inclinations.
The choice then would be between (1) lowering the inclination to less than

approximately 64 degrees to achieve the correct periapsis motion or (2) utilizing

an orbit whose altitude range doesntt fall outside the acceptable reconnaissance
limits. The first choice restricts the surface of the planet which may be mapped

while the second alternative may be costly in terms of fuel. This problem exists

for both type I and II Martian trajectories for 1969 launch dates.

One further point should be stressed. If the entire sunlit face is available
for reconnaissance then no reconnaissance dead zones exist. As one side of the

orbit rotates out of the sunlit face the other portion rotates into it. With this in

mind, all that remains to optimize is the amount of planetary coverage. This

may be done by choosing a polar orbit as the coverage achieved is obviously a

symmetric function of deviations from the 90-degree case. What has been

accomplished in this manner is to maximize the minimum coverage possible.
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Part A: Planetary Equator and Orbit Plane Coincident

The periapsis motion will first be studied retaining the simplified geometry

of coincident planetary equator and orbit plane as shown on the celestial sphere

in figure FI. The useful sunlit region is defined by a cone of central angle

180 degrees -2a about the sun line. Defining

Satellite orbit arc in acceptable sunlit cone

below I planetary orbit plane

It is thus necessary to determine Aa,A b for the given satellite orbit in-

clination (i) as a function of Y, positive westward, the angle between the sun

line and the line of intersection of the satellite plane and the planetary orbit

plane. Once this has been done the portion of the satellite orbit within the

sunlit region is known and the periapsis point may be chosen on the satellite

orbit so as to maximize the time spent within the acceptable zone. The

discussion has, so far, assumed that the satellite orbit parameters are selected

on the basis of maximizing, in the presence of errors, the mode line stay time

within the acceptable cone. The only parameter left to be optimized is then the

initial placement of the periapsis point on the satellite orbit.

The analysis shown that in some cases the periapsis point may leave the

acceptable cone long before the node line crosses the boundary. In these

cases, one may define a new optimum orbit by changing the satellite orbit

parameters so that the minimum nodal dwell time is decreased while the

periapsis dwell time is increased until the two are equal. The importance of

this change depends, of course, on the reconnaissance system capability. If

the system can tolerate an altitude variation of a factor of two or greater, this

implies, for the orbits under consideration, surveillance capability for a central

angle of approximately 90 degrees or greater on either side of the periapsis

point. In this case the utility of obtaining the new optimum is doubtful.

Defining

_8o - 2a _ (F1)
k = ; X -

(90 - a)- ri

where

Yi

= rotation rate of satellite node line caused by planet oblateness

= rotation rate of sun line caused by planetary motion about the sun

= initial value of y

-384-



P •

N.R

SATELLITE
ORBIT PLANE

\
\

\

ACCEPTABLE
CONE

AND
PLANETARY ORBIT

FLARE

63-9745

Figure F1 SIMPLIFIED GEOMETRY

-385-

-t



one has

Consider X 1 = X'-e and X 2 = x'qe where x" is the value of X such that for

x = x 1 or X 2 the same life time is obtained. The value of x = x" is thus optimum,

that is, it assures the maximum of the possible minimum lifetimes. Therefore

(90 - a) = Yi + _'It = Yi + _ (1-Xl)t (F3)

-(90-a) -- yi+ _2 t = ri + ¢ (1-x2)t (F4)

Solving equations (F3) and (F4) for t and equating the two expressions,

one finds

x" = 1 + _ (1-2/k) (F5)

With this value of X" substituted into either equations (F3) or (F4), the

expected minimum lifetime Tmin is found to be

Train = " 2 e (F6 )

1Aetaxrning now to the determination of the useful satellite arc within the

cone one finds that

I. (i + B) ( i

sin
2 90 -- (a + y)

__ tan (F7 )
A a = 2 tan -1 (i - B) 2

sin
2

(i- _) ( )1

COS

2 90 -- (a + y) (F8)
A b = 2 tan -1 (i + B) tan 2

COS

IP

where

= sin -1 [sin y sin i/cos a]

The expressions are valid for both positive and negative values of y.

(F9)
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Consider what occurs as the node line rotates eastward. When y = - (90- a)

the node line is on the boundary of the sun lit cone and there is no useful arc

below the planetary orbit plane (Ab = 0 ) for ] > 90 degrees. There still exists,

however, a useful arc above the plane given by

A a = 2 tan -1 [cos (180- i) cot a] (F10)

The limit on y for which A a vanishes may be found by considering the equation

for

sin B sin y sin i (Fll)
COS

Since IsinBI must be <_1 then putting y =-(90-a)-Sy

sin (90 - a + By)

COS

< 1

or

cos (a - By) < cos a/sini

from which, for given (a, i ) one may compute the rotation of the node line

beyond the sunlit cone (yy) after which the satellite orbit plane no longer

intersects the cone.

As an example, the case where a = 30 degrees, Yi = 36 degrees (/k = 5 ),

has been solved. In reference 1, one finds that for orbits with a fixed periapsis

altitude of 1000 km the optimum orbit is one having an apoapsis altitude of

4000 km and an inclination of 106 degrees. The corresponding value of E is

0.68 from which

Tmi n - 170days

where the value ¢ = 0. 524 deg/day has been used.

The optimum X'is found from

X" = 1 + e - = 1.408

hence

Xma x = 2.088 ; Xmi n = 0.728
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from which

_max = 0.1425deg/day ; Ymin = -0.57 deg/day

The results of the computations for Aa and A 5 are shown in figures F2 and

F3 corresponding to Xma x and Xmi n respectively. For the nominal orbit of i :

106 degrees, hp = I000 km, ha = 4000 Ir_rnand the apsidal line rotates at 0.8

deg/day in a direction opposite to the satellite motion. Assuming the periapsis

point is initially on the boundary of the sunlit cone the motion of the point be-

tween A a and A b is shown. Shifting the line parallel to itself in the figures

shows the effect of having the periapsis point at different initial positions. The

maximum periapsis lifetime is soon to occur of the periapsis point initially on

the boundary of the cone as shown.

In this case, in the presence of errors in initial periapsis location in the

satellite plane, the initial periapsis point should be biased outside the sunlit

cone. To illustrate suppose an error of 10-degree central angle might be

expected. A comparison of periapsis lifetimes resulting from choosing

different initial points and the 10-degree error about them shows that the aiming

point should be biased approximately 10-degrees outside the cone. If this is

done a minimum periapsis dwell time of 11 3 days is assured for either XmaxOr Xmi n

Part B: Planetary Equator and Orbit Plane Inclined to Each Other

The geometry associated with this case is shown on the celestial sphere in

figure F4. The planetary equator and planetary orbit plane are inclined to one

another with an angle _ and the satellite orbit has an inclination i to the

planetary equator. The equatorial node line of the satellite orbit on the sunlit

face makes an angle B with the line of intersection of the equatorial and

planetary orbit planes. Finally, the line of intersection of the planetary and

equatorial planes makes an angle y with respect to the sun line. About the sun

line, which lies in the planetary orbit plane, a cone of central angle 180 degrees

-2a is drawn the interior of which defines the acceptable lightning conditions. The

angle _ is considered positive above thei planetary orbit plane while y is

positive to the west of the sun line.

Defining, as before,

Satellite orbit are in acceptable sunlit cone

above_ Planetary orbit plane
be low
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one finds that

A a = 2 tan-1

Ab = 2 tan -1

sin
2

sin (_ - _)
2

COS

2

(_ + B)
COS

2

90- a-(131 t y)_l
tan 2

'190- a- (B I + Y)
tan

2

(F12)

(F13)

where

and

sin -1
sin (B 1 + y) sin _COS a

B 1 = tan -1

A 1 + B I --

= 2 sin -1

t [I (i + ¢) (i + ¢)

sin COS

2 2
tan B/ + tan -I

(i- ¢) (i- ¢)
sin cos

2 2

2 tan -I

r q
sin

2
tan B/

(i - 6)
sin

2

I- (i-6) D 1

sin

2
COS /

(A 1 +B 1)
COS

2

-- tan B/t

(F14)

(F15)

(FI6)

(F17)

The expressions are valid for B,y either positive or negative.
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Denote b F _ the control angle of the periapsis point of the satellite orbit

above the ascending node. The latitude of the periapsis point above the planetar_

orbit plane is given by

L d -- sin -1 [sin 3 sin (A 1 + o)] (F18)

The longitude (Ln) of the peripsis point is measured in the planetary orbit

plane westward from the sun line. It is determined from

Ln -- r + BI + B1 (F19)

where y and B 1 are as previously defined and

r-

-i /c°s (A 1 + co)
COS

L cos (L d )
( 2o)

To test the validity of the simplified geometry previously considered the

corresponding example is treated here. The initial conditions are taken to be

Yi = 0 , B i = 36 degrees. The planetary and equatorial orbits are inclined at

25 degrees for Mars (_ = 25 degrees)• Satellite orbit parameters are, as

before, hp = 1000 kin, hs = 4000 kin, i = 106 degrees. If we define

cos
X

and use the analysis of the simplified geometry (¢ = 0 ) to choose X" we have

again for e = 0.68

X " = 1.408

and

t

now

and

Xma x -- 2.088 ; Xmi n = 0.728

= _ _ 0.524 deg/day

e

B = -0

-- -0.421 deg/day ; Bmi n = -1.207 deg/day
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In performing the calculations A1,B 1 and 8 are first found as functions of

B then Aa, A b determined as functions of time. The results are shown in

figures F5 and F6 corresponding to Xma x and Xmi n respectively. The line

describing the periapsis motion corresponding to an initial periapsis location

on the boundary of the cone anda 0.8 deg/day rotation of the apsidal line for the

nominal orbit is shown on the figures.

It may be seen that the periapsis point remains within the sunlit cone for

approximately the same time as for the simplified geometry. The lifetime of

the node line, however, is appreciably different as shown below.

Simplified Ge ner al

Geometry Geometry

Node line i in Sunlit Cone Node line in Sunlit Cone

X 170 days 150 days
max

X 170 days 210 days
mln

The difference in nodal life time corresponding to Xma x and Xmi n in the

general geometry case indicates that the optimal rotation rates have not been

selected. One concludes that with respect to nodal lifetime the results

obtained utilizing the simplified geometry are not directly applicable to the

general case. The optimization problem for the general case has been

formulated and can be carried out if restrictions on lighting conditions require

it.

Reference: Kohlase, C. E. : Planetary Satellite Orbits. JPL Space Programs

Summary 37-18.

1The node line referred to is the line of intersection of the satellite orbit and the planetary orbit plane.
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